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FOREWORD

BACKGROUND

The first flight of the Wright brothers in December 1903 marked the beginning
of the magnificent evolution of human-controlled, powered flight. The driving
forces of this evolution are the ever-growing demands for improvements in

* Flight performance (i.e., greater flight speed, altitude, and range and better
maneuverability)

¢ Cost (i.e., better fuel economy, lower cost of production and maintenance,
increased lifetime)

e Adverse environmental effects (i.e., noise and harmful exhaust gas effects)

 Safety, reliability, and endurance

* Controls : and. navigation

These strong demands continuously furthered the efforts of advancing the
aircraft system.

The tight interdependency between the performance characteristics of
aerovehicle and aeropropulsion systems plays a very important role in this
evolution. Therefore, to gain better insight into the evolution of the aero-
propulsion system, one has to be aware of the challenges and advancements of
aerovehicle technology.

The Aerovehicle

A brief review of the evolution of the aerovehicle will be given first. One can
observe a continuous trend toward stronger and lighter airframe designs,
structures, and materials—from wood and fabric to all-metal structures; to

XV



XVl FOREWORD

lighter, stronger, and more heat-resistant materials; and finally to a growing
use of strong and light composite materials. At the same time, the aerodynamic
quality of the aerovehicle is being continuously improved. To see this
development in proper historical perspective, let us keep in mind the following
information.

In the early years of the 2 1 century, the science of aerodynamics was in
its infancy. Specifically, the aerodynamic lift was not scientifically well
understood. Joukowski and Kutta’s model of lift by circulation around the
wing and Prandtl’s boundary-layer and turbulence theories were in their
incipient stages. Therefore, the early pioneers could not benefit from existent
scientific knowledge in aerodynamics and had to conduct their own fundamen-
tal investigations.

The most desirable major aerodynamic characteristics of the aerovehicle
are a low drag coefficient as well as a high lift/drag ratio L/D for cruise
conditions, and a high maximum lift coefficient for Ianding. In Fig. 1, one can
see that the world’s first successful glider vehicle by Lilienthal, in the early
1890s, had an L/D of about 5. In comparison, birds have an L/D ranging from
about 5 to 20. The Wright brothers’ first human-controlled, powered aircraft
had an L/D of about 7.5. As the L/D values increas over th ars,
sailplanes advanced most rapidly and now are attaining the enormously high
values of about 50 and greater. This was achieved by employing ultrahigh wing
aspect ratios and aerodynamic profiles especially tailored for the low opera-
tional Reynolds and Mach numbers. In the late 1940s, subsonic transport
aircraft advanced to L/D values of about 20 by continuously improving the

50 -
ok SAILPLANES
Q 30F
3
TRANSONIC o === 7"
[l Albatross 201 B747
0 v B707
wiare SUBSONIC g . SUPERSONIC _ _ _ .
[] Bat 10F Spirit of St.Louis -
a , Junkers J1 0/0/01; ing SST
Lilienthal o | Wright B-70 ~ o8
Flyer B-58
I | | 1 | | 1 1 }
1900 1910 1920 1930 1940 1950 1960 1970 1980 1990
FIGURE 1

Progress in lift/drag ratio L/D.
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aerodynamic shapes, employing advanced profiles, achieving extremely smooth
and accurate surfaces, and incorporating inventions such as the engine cowl
and the retractable landing gear.

The continuous increase in flight speed required a corresponding reduc-
tion of the landing speed/cruise speed ratio. This was accc lished by
innovative wing structures incorporating wingslots and wing flaps which, during
the landing process, enlarged the wing area and increased significantly the lift
coefficient. Today, the arrowhead-shaped wing contributes to a high lift for
landing (vortex lift). Also, in the 1940s, work began to extend the high L/D
value from the subsonic to the transonic flight speed regime by employing the
swept-back wing and later, in 1952, the area rule of Whitcomb to reduce
transonic drag rise. Dr Theodore von Karman describes in his memoirs, The
Wind and Beyond (Ref. 1 at the end of the Foreword), how the swepr-back
wing or simply swept wing for transonic and supersonic flight came into
existence:

The fifth Volta Congress in Rome, 1935, was the first serious international
scient  congress devoted to the possibilities of supersonic flight. I was one of
those who had received a formal invitation to give a paper at the conference from
Italy’s great Gugliemo Marconi, inventor of the wireless telegraph. All of the
world’s leading aerodynamicists were invited.

This meeting was historic because it marked the beginning of the supersonic
age. It was the beginning in the sense that the conference opened the door to
supersonics as a meaningful study in connection with supersonic flight, and,
secondly, because most developments in supersonics occurred rapidly from  :n
on, culminating in 1946—a mere 11 years later—in Captain Charles Yeager's
piercing the sound barrier with the X-1 plane in level flight. In terms of future
aircraft development, the most significant paper at the conference proved to be
one given by a young man, Dr. Adolf Busemann of Germany, by first publicly
suggesting the swept-back wing and showing how its properties might solve many
aerodynamic problems at speeds just below and above the speed of sound.

Through these investigations, the myth that sonic speed is the fundamental
limit of aircraft flight velocity, the sound barrier, was overcome.

In the late 1960s, the Boeing 747 with swept-back wings had, in transonic
cruise speed, an L/D valtue of nearly 20. In the supersonic flight speed regime,
L/D values improved from 5 in the mid-1950s (such as L/D values of the B-58
Hustler and later of the Concorde) to a possible /D value of 10 and greater in
the 1990s. This great improvement possibility in the aerodynamics of super-
sonic aircraft can be attributed to applications of artificial stability, to the area
rule, and to advanced wing profile shapes which extend laminar fiow over a
larger wing portion.

The hypersonic speed regime is not fully explored. First, emphasis was
placed on winged reentry vehicles and lifting bodies where a high /D value
was not of greatest importance. Later investigations have shown that the L/D
values can be greatly improved. For example, the maximum L/D for a “‘wave
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rider” is about 6 (Ref. 2). Such investigations are of importance for hypersonic
programs.

The Aeropropulsion System

At the beginning of this century, steam and internal combustion engines were
in existence but were far too heavy for flight application. The Wright brothers
recognized the great future potential of the internal combustion engine and
developed both a relatively lightweight engine suitable for flight application
and an efficient propeller. Fig. 2 shows the progress of the propulsion systems
over the years. The Wright brothers’ first aeropropulsion system had a shaft
power of 12 hp, and its power/weight ratio (ratio of power output to total
propulsion system weight, including propeller and transmission) was about
0.05 hp/Ib. Through the subsequent four decades of evolution, the overall
efficiency and the power/weight ratio improved substantially, the latter by
more than one order magnitude to about 0.8 hp/lb. This great improvement
was achieved by engine design structures and materials, advanced fuel
injection, advanced aerodynamic shapes of the propeller blades, variable-pitch
propellers, and engine superchargers. The overall efficiency (engine and
propeller) reached about 28 percent. The power output of the largest engine
amounted to about 5000 hp.

In the late 1930s and early 1940s, the turbojet engine came into existence.
This new propulsion system was immediately superior to the reciprocating
engine with respect to  : power/weight ratio (by about a factor of 3);

50%
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however, its overall efficiency was initially much lower than that of the
reciprocating engine. As can be seen from Fig. 2, progress was rapid. In less
than four decades, the power/weight ratio increased more than 10-fold, and
the overall efficiency exceeded that of a diesel propulsion system. The power
output of today’'s largest gas turbine engines reaches nearly 100,000
equivalent hp.

Impact Upon the Total Aircraft Performance

The previously-described truly gigantic advancements of stronger and lighter
structures and greater aerodynamic quality in aerovehicles and greatly ad-
vanced overall efficiency and enormously increased power output/weight ratios
in aeropropulsion systems had a tremendous impact upon flight performance,
such as on flight range, economy, maneuverability, flight speed, and altitude.
The increase in flight speed over the years is shown in Fig. 3. The Wright
brothers began with the first human-controlled, powered flight in 1903; they
continued to improve their aircraft system and, in 1906, conducted longer
flights with safe takeoff, landing, and curved flight maneuvers. While the flight
speed was only about 35mi/hr, the consequences of these first flights were
€normous:

¢ Worldwide interest in powered flight was stimulated.
¢ The science of aerodynamics received a strong motivation.

- Jet era >
I<—- Piston engine era — —-
SR-71
2000 mi/hr |- B-70
SUPERSONIC AIRCRAFT
1500 mithr |- Concorde © Jets
B-58
1000 mi/hr -
SUPERCRITICAL WING
500 mifhr |- =" . TRANSONIC AIRCRAFT |—F
Props
SUBSONIC AIRCRAFT Jr
I ! 1 i} 1 I i

1900 1910 1920 1930 1940 1950 1960 1970 1980 1990
Power: 12 hp ~400 hp ~4000 hp ~100,000 hp

FIGURE 3
Aircraft speed trends.
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» The U.S. government became interested in power flight for potential defense
applications, specifically reconnaissance missions.

In 1909, the Wright brothers built the first military aircraft under
government contract. During World War I, aircraft technol  progre d
rapidly. The flight speed reached about 150 mi/hr, and the engine power
attained 400 hp. After World War I, military interest in aircraft systems
dropped, but aircraft technology had reached such a degree of maturity that
two nonmilitary application fields could emerge, namely:

* Commercial aviation, mail and passenger transport (first all-metal mono-
plane for passenger and mail transport, the Junkers F13, in 1919, sold
worldwide)

« Stunt flying leading to general aviation (sport and private transportation)

In the period from 1920 to 1940, the speed increased from about 150 to
350 mi/hr through evolutionary improvements in vehicle aerodynamics and
engine technology, as discussed previously. At the end of World War II, the
flight speed of propeller aircraft reached about 400 to 450 mi/hr, and the power
output of the largest reciprocating engines was about 5000 hp. This constituted
almost the performance limit of the propeller/reciprocating engine propulsion
system. Today, the propeller/reciprocating engine survives only in smailer,
lower-speed aircraft used in general aviation.

In the late 1930s, jet propulsion emerged which promised far greater
flight speeds than attainable with the propeller or piston engine. The first
jet-propelled experimental aircraft flew in the summer of 1939 (the He-178),
and in early 1941, the first prototype jet fighter began flight tests (He-280). In
1944, mass-produced jet fighters reached a speed of about 550 mi/hr (Me-262).

In the ecarly 1950s, jet aircraft transgressed the sonic speed. In the
mid-1950s, the first supersonic jet bomber (B-58 Hustler) appeared, and later
the XB-70 reached about Mach 3. Also during the 1950s, after more than 15
years of military development, gas turbine technology had reached such a
maturity that the following commercial applications became attractive:

¢ Commercial aircraft, e.g. Comet, Caravelle, and Boeing 707
¢ Surface transportation (land, sea)
* Stationary gas turbines

In the 1960s, the high-bypass-ratio engine appeared which revolutionized
military transportation (the C5A transport aircraft). At the end of the 1960s,
based on the military experience with high-bypass-ratio engines, the second
generation of commercial jet aircraft came into existence, the widebody
aircraft. An example is the Boeing 747 with a large passenger capacity of
nearly 400. Somewhat later came the Lockheed L-1011 and Douglas DC10. By
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that time, the entire commercial airline fleet used turbine engines exclusively.
Advantages for the airlines were:

* Very high overall efficiency and, consequently, a long flight range with
economical operation

e Overhaul at about 5 million miles

e Short turnaround time

* Passenger enjoyment of the very quiet and vibration-free flight, short travel
time, and comfort of smooth stratospheric flight

e Community enjoyment of quiet, pollution-free aircraft

By the end of the 1960s, the entire business of passenger transportation
was essentially diverted from ships and railroads to aircraft. In the 1970s, the
supersonic Concorde with a flight speed of 1500 mi/hr (the third generation of
commercial transport) appeared with an equivalent output of about 100,000 hp.

Summary

In hindsight, the evolution of aerovehicle and aeropropulsion systems looks
like the result of  aaster plan. The evolr*~1 began with the piston e~ ~'ne
and propeller which constituted th * :st propussion system for the initiall, .ow
flight speeds, and had an outstanaing growth potential up to about 450 mi/hr.
In the early 1940s, when flight technology reached the ability to enter into the
transonic fliy  speed regime, the jet engine had just demonstrated its
suitability for this speed regime. A vigorous jet engine development @ gram
was launched. Soon the jet engine proved to be not only an excellent transonic
but also a supersonic propulsion system. This resulted in the truly exploding
growth in flight speed, as shown in Fig. 3.

It is in iting to note that military development preceded commercial
applications by 15 to 20 years for both the propeller engine and the gas turbine
engine. The reason was that costly, high-risk, long-term developments con-
ducted by the military sector were necessary before a useful commercial
application could be envisioned. After about 75 years of powered flight, the
aircraft has outranked all other modes of passenger transportation and has
become a very im  ‘tant export article of the United Sta

The evolutions of both aerovehicle and aeropropulsion systems have in
no way reached a technological level which is close to the ultimate potential!
The evolution will go on for many decades toward capabilities far beyond
current feasibility and, perhaps, imagination.

HOW JET PROPULSION CAME
INTO EXISTENCE

The idea of air-breathing jet propulsion originated at the beginning of the 20th
century. Several patents regarding air-breathing jet engines had been applied
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for by various inventors of different nationalities who worked independently of
each other.

From a technical standpoint, air-breathing jet propulsion can be defined
as a special type of internal combustion engine which produces its net output
power as the rate of change in the kinetic energy of the engine’s working fluid.
The working fluid enters as environmental air which is ducted through an inlet
diffuser into the engine; the engine exhaust gas consists partly of combustion
gas and partly of air. The exhaust gas is expanded through a thrust nozzle or
nozzles to ambient pressure. A few examples of early air-breathing jet
propulsion patents are as follows:

1. In 1908, Lorin patented a jet engine which was based upon piston
machinery (Fig. 4a).

2. In 1913, Lorin patented a jet engine based on ram compression in
supersonic flight (Fig. 4b), the ramjet.

3. In 1921, M. Guillaume patented a jet engine based on turbomachinery; the
intake air was compressed by an axial-flow compressor followed by a
combustor and an axial-flow turbine driving the compressor (Fig. 4c).

FIGURE 4a
Lorin’s 1908 patent.
—
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FIGURE 4)
Lorin’s 1913 patent.
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These patents clearly described the air-breathing jet principle but were
not executed in practice. The reason lies mainly in the previously-mentioned
strong interdependency between aerovehicle and aeropropulsion systems. The
jet engine has, in comparison with the propeller engine, a high exhaust speed
(for example, 600 mi/hr and more). In the early 1920s, the aerovehicle had a
flight speed capability which could not exceed about 200 mi/hr. Hence, at that
time, the so-called propulsive efficiency of the jet engine was very low (about
30 to 40 percent) in comparison to the propeller which could reach e than
80 percent. So, in the early 1920s, the jet engine was not compatible with the
too-slow aerovehicle. Also, in the early 1920s, an excellent theoretical study
about the possibilities of enjoying jet propulsion had been con cted by
Buckingham of the Bureau of Standards under contract with NACA. The
result of this study was clear—the jet engine could not be efficiently employed
if the aerovehicle could not greatly exceed the flight speed of 200 mi/hr; a flight
speed beyond 400 mi/hr seemed to be necessary. The consequences of the
results of this study were that the aircraft engine industry and the scientific and
engineering community 1 no interest in the various jet engine inventions. So
the early jet engine concepts were forgotten for a long time. They were
unknown to Sir Frank Whittle, to me, and to the British and German patent
offices. In 1939, however, the retired patent examiner Gohlke found out about
the early jet patents 1 published them in a synoptic review.

The first patent of a turbojet engine, which was later developed and
produced, was that of Frank Whittle, now Sir Frank (see Fig. 5). His patent
was applied for in January 1930. This patent shows a multistage, axial w
compressor followed by a radial compressor stage, a combustor, an axial-flow
turbine driving the compressor, and an exhaust nozzle. Such configurations are
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Whittle’s turbojet patent drawing.

(National Air and Space Museum.)

still used today for small- and medium-power output engines, specifically for
remote-controlled vehicles.

The Turbojet Development of Sir Frank Whittle

Frank Whittle (Ref. 3) was a cadet of the Royal Air Force. In 1928, when he
was 21 years old, he became interested in the possibilities of rocket propulsion
and propeller gas turbines for aircraft, and he treated these subjects  his
thesis. He graduated and became a pilot officer, continuously thinking about
air-breathing jet propulsion. In 1929, he investigated the possibilities of a
ducted fan driven by a reciprocating engine and employing a kind of
afterburner prior to expansion of the fan gas. He finally rejected this idea on
the basis of his performance investigations. The same idea was conceived later
in Italy and built by Caproni Campini. The vehicle flew on August 28, 1940,
but had a low performance, as predicted by Sir Frank in 1929.

Suddenly, in December 1929, Frank Whittle was struck by the idea of
increasing the fan pressure ratio and substituting a turbine for the reciprocating
engine. This clearly constituted a compact, lightweight turbojet engine. He
applied for a patent for the turbojet (Fig. 5) in January 1930.
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Frank Whittle discussed this idea with fellow officers and his superior
officer. They were very impressed, and a meeting was arranged between him
and officials of the British Air Ministry, Department of Engine Development.
This department, in turn, sought advice from Dr. A. A. Griffith, who was
interested in the development of a propeller gas turbine. Dr. Griffith expressed
doubts about the feasibility of Whittle’s turbojet concept from a standpoint of
too-high fuel consumption. Actually, in high-speed flight, the turbojet has great
advantages over a propeller gas turbine due to the fact that the turbojet is
much lighter than the propeller gas turbine and can fly faster because of the
absence of the propeller. Whittle rightfully considered the turbojet as a
fortunate synthesis or hybrid of the “propeller gas turbine” and “‘rocket”
principles. As Sir Frank recalls, the department wrote a letter which, in
essence, stated that any form of a gas turbine would be impractical in view of
the long history of failure and the lack of turbine materials capable of
withstanding the high stresses at high temperatures. Whittle’s outstanding and
very important views were that the flying gas turbine had great advantages
over a stationary gas turbine power plant due to the efficient ram pressure
recovery, low environmental temperature in high altitude, and high efficiency
of the jet nozzle. Unfortunately, these views were ignored by the department.

Frank Whittle (Fig. 6) tried to interest the turbine industry in his concept
of jet propulsion, but he did not succeed. Lacking financial support, Whittle
allowed his patent to lapse. A long, dormant period was ahead for Frank
Whittle's jet propulsion ideas.

After 5 years, in mid-1935, two former Royal Air Force (RAF) officers tried
to revive Whittle's turbojet concept. Whittle was enthused and wrote, ‘“‘the jet
engine had, like the Phoenix, risen from its ashes.” (Ref. 3). At that time,
Whittle was under enormous pressure. He was preparing for the examination
in mechanical sciences (Tripos); his goal was to graduate with ‘“First-Class
Honors.” Now, in addition, he had to design his first experimental jet engine in
late 1935. In March 1936, a small company, Power Jets Ltd., was formed to
build and test Whittle’s engine, the W. U. (Whittle Unit). In spite of all the
additional work, Whittle passed his exam in June 1936 with First-Class Honors.

In April 1937, Whittle had his bench-test jet engine ready for the first test
run. It ran excellently; however, it ran out of control because liquid fuel had
collected inside the engine and started to vaporize as the engine became hot,
thereby adding uncontrolled fuel quantities to the combustion process. The
problem was easily overcome. This first test run was the world’s first run of a
bench-test jet engine operating with liquid fuel (Fig. 7). In June 1939, the
testing and development had progressed to a point that the Air Ministry’s
Director of Scientific Research (D.S.R.) promised Frank Whittle a contract for
building a flight engine and an experimental aircraft, the Gloster E28/29
{Gloster/Whittle). On May 15, 1941, the first flight of the Gloster/Whittle took
place (Fig. 8).

Senior ministry officials initially showed little interest, and a request for
filming was ignored; however, during further flight demonstrations, interest in
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contributed significantly to the know-how and technology of aircraft gas
turbines, specifically their combustor and turbomachinery components.

One of these projects was the 2500-hp Northrop propeller gas turbine
(Turbodyne) and a high-pressure-ratio turbojet under the excellent project
leadership of Vladimir Pavelecka. Although the development goal of the large
aircraft gas turbine ¢ ine was essentially met in late 1940, the project was
canceled because the Air Force had lost interest in propeller gas turbines in
view of the enormous advancement of the competitive jet engines.

Westinghouse had developed outstanding axial turbojet engines. The first
very successful test runs of the Westinghouse X19A took place in March 1943.
In the b nning of the 1950s, the Navy canceled the development contract,
and top management of Westinghouse decided to discontinue work on turbojet
engines.

The Lockheed Corporation began to work on a very advanced turbojet
conceived by an outstanding engineer, Nathan C. Price. This engine was so far
ahead of its time that it would have needed a far longer development time than
that provided by the contract. The development contract was canceled in 1941.

Pratt & Whitney had started to work on its own jet propulsion ideas in
the early 1940s but could not pursue these concepts because of the too-
stringent obligations duri  wartime for the development and production of
advanced aircraft piston engines. After World War II, Pratt & Whitney
-decided to go completely into turbojet development using axial-flow turbo-
machinery. The company began with the construction of a gigantic Test and
Research facility.. The go  nment gave Pratt & Whitney a contract to build a
large number of 5000-Ib thrust Rolls-Royce Nene engines with a radial
compressor of the basic Whittle design. Subsequently, Pratt & Whitney
developed its own large axial-flow, dual-rotor turbojet and later a fan-jet with a
small bypass ratio for the advanced B52.

Turbojet Development of Hans von Ohain

My interest in  :raft propulsion began in the fall of 1933 while I was a
student at the Georgia Augusta University of Gottingen in physics under Prof.
R. Pohl with a minor in applied mechanics under Prof. Ludwig Prandtl. I was
21 years old and beginning my Ph.D. thesis in physics which was not related to
jet propulsion.

The strong vibrations and noise of the propeller piston engine triggered
my interest in aircraft propulsion. I felt the natural smoothness and elegance of
flying was greatly spoiled by the reciprocating engine with propellers. It
appeared to me that a steady, thermodynamic flow process was needed. Such a
process would not produce vibrations. Also, an engine based upon such a
process could probably be lighter and more powerful than a reciprocating
engine with a propeller because the steady flow conditions would allow a much
greater mass flow of working medium per cross section. These  aracteristics
appeared to me to be most important for achieving higher flight speeds. T made
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performance estimates for several steady flow engine types and finally chose a
special gas turbine configuration which appeared to me as a lightweight, simple
propulsion system with low development risks. The rotor consisted of a
straight-vane radial outflow compressor back-to-back with a straight vane
radial inflow turbine. Both compressor and turbine rotors had nearly equal
outer diameters which corresponds to a good match between them.

In early 1935, I worked out a patent for the various features of a gas
turbine consisting of radial outflow compressor rotor, combustor, radial inflow
turbine, and a central exhaust thrust nozzle. With the help of my patent
attorney, Dr. E. Wiegand, a thorough patent search was made. A number of
interesting aeropropulsion systems without a propeller were found, but we did
not come across the earlier patents of Lorin, Guillaume, and Frank Whittle. (I
learned for the first time about one of Frank Whittle’s patents in early 1937
when the German Patent Office held one of his patents and one patent of the
Swedish corporation Milo, against some of my patent claims.)

My main problem was finding support for my turbojet ideas. A good
approach, it seemed to me, was to first build a model. This model should be
able to demor  ate the aerodynamic functions at very low-performance runs.
The tip speed of this model was a little over 500 ft/sec. Of course, I never
considered  :h-power demonstration runs for » reasons. The cost for
building such an apparatus could easily be a factor of 10 or 20 times greater
than that for building a low-speed model. Also, a test facility would be
required for high-performance test or demonstration runs. I knew a head
machinist in an automobile repair shop, Max Hahn, to * >m I showed the
sketches of my model. He made many changes to simplify the construction
which greatly reduced the cost. The model was built at my expense by Hahn in
1935 (Fig. 9).

In mid-1935, T had completed my doctoral thesis and oral examination
and had received my diploma in November 1935. I continued working in Prof.
Pohl’s institute and discussed with him my project “aircraft propulsion.” He
was interested in my theoretical write-up. Although my project did not fit
Pohl’s institute, he was extremely helpful to me. He let me test the model
engine in the backyard of his institute and gave me instrumentation and an
electric starting motor. Because the combustors did not work, the model did
not run without power from the starting motor. Long, yellow flames leaked out
of the turbine. It looked more like a flame thrower than an aircraft gas turbine.

I asked Prof. Pohl to write me a letter of introduction to Ernst Heinkel,
the famous pioneer of high-speed aircraft and sole owner of his company.
Professor Pohl actually wrote a very nice letter of recommendation. I had
chosen Heinkel because he had the reputation of being an unconventional
thinker obsessed with the idea of high-speed aircraft. Intuitively, I also felt that
an aircraft engine company would not accept my turbine project. I learned
later that my intuition was absolutely right. Today, I am convinced no one
except Heinkel (see Fig. 10) would have supported my jet ideas at that time.
Heinkel invited me to his home on the evening of March 17, 1936, to explain
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RADIAL TURBOIJET (He S-1)
WITH HYDROGEN
(Built in 1936; tested in April 1937)

Radius of rotor-1ft
Thrust-250 1b
10.000 rpm

FIGURE 11
Von O 1’s hydrogen demonstrator engine.

have blunt trailing edges with many small holes through which hydrogen gas
jets would be discharged into the air wakes behind the blunt trailing edges. In
this way, the hydrogen combustion would be anchored at the blunt trailing
edges of the hollow vanes. I was absolutely certain this combustor system
would successfully function without any development or preliminary testing. I
was also certain that no pretesting or development was necessary for the
simple radial-flow turbomachinery. Testing of the hydrogen demonstrator
engine (Fig. 11) showed that my judgment was correct on bott  oints.

By mid-May 1936 I had nearly completed the layout o1 the hydrogen
demonstrator engine. To build this engine was, for me, most important, not
only for quick achievement of an impressive demonstration of the jet principle,
but also for very significant technical reasons:

1. One reason was to obtain a solid basis for the design of the flight e1 "1e and
the development of the liquid-fuel combustor, which should be started as a
parallel development as soon as possible.

2. To achieve this solid basis, the hydrogen engine was the surest and quickest
way when one does not have compressor and turbine test stands.

3. The anticipated step-by-step development approach: First testing the com-
pressor-turbine unit with the “no-risk™ hydrogen combustor and then using
the tested turbomachine for exploring its interaction with the liquid-fuel
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combustor system seemed to be good protection against time-consuming
setbacks.

Now came the greatest difficulty for me: How could I convince Heinkel
that first building a turbojet with hydrogen gas as fuel would be a far better
approach than trying to develop a liquid-fuel combustor under an enormous
time pressure? According to my contract, of course, I should have worked on
the liquid-fuel combustor with the (impossible) goal of having this develop-
ment completed by June 1936. [ briefly explained to Heinkel my reasons for
the hydrogen engine and emphasized this engine would be a full success in a
short time. I was well prepared to prove my point in case Heinkel wanted me
to discuss this matter in a conference with his engineers. Surprisingly, Heinkel
asked only when the hydrogen demonstrator could run. My shortest time
estimate was half a year. Heinkel was not satisfied and wanted a shorter time. 1
told him that I had just heard that Wilhelm Gundermann and Max Hahn
would work with me, and 1 would like to discuss the engine and its time
schedule with them. So, Heinkel had agreed with my reasons to build the
hydrogen jet demonstrator first.

About a week after my discussion with Heinkel, I joined Gundermann
and Hahn in their large office. I showed them the layout of the hydrogen
engine. Gundermann told me he had attended my presentation to the group of
Heinkel’s leading engineers in March 1936. He was surprised that I departed
from the liquid-fueled turbojet program. I explained my reasons and also told
about Heinkel's strong desire to have the hydrogen engine built in less than
half a year. After studying my layout, both men came to the conclusion that it
would not be possible to build this engine in less than 6 months, perhaps even
" longer. Gundermann, Hahn, and I began to work as an excellent team.

The engine was completed at the end of February 1937, and the start of
our demonstration program was in the first half of March, according to
Gundermann’s and my recollections. The first run is clearly engraved in my
memory: Hahn had just attached the last connections between engine and test
stand; it was after midnight, and we asked ourselves if we should make a short
run. We decided to do it! The engine had a 2-hp electric starting motor. Hahn
wanted to throw off the belt-connecting starter motor and hydrogen engine if
self-supporting operation was indicated. Gundermann observed the exhaust
side to detect possible hot spots—none were visible. I was in the test room.
The motor brought the engine to somewhat above 2000 rpm. The ignition was
on, and I opened the hydrogen valve carefully. The ignition of the engine
sounded very similar to the ignition of a home gas heating system. I gave more
gas, Hahn waved, the belt was otf, and the engine now ran self-supporting and
accelerated very well. The reason for the good acceleration probably was
twofold: the relatively low moment of inertia of the rotor and the enormously
wide operational range of the hydrogen -combustion system. We all
experienced a great joy which is difficult to describe. Hahn called Heinkel, and he
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came to our test stand about 20 minutes later, shc before 1:00 a.m. We
made a second demonstration run. Heinkel was enthused—he congratulated us
and emphasized that we should now begin to build the liq -fuel engine for
flying.

The next day and until the end of March, Heinkel began  show further
demonstration runs to some of his leading engineers and important friends.
The next day following our ‘“night show,” Heinkel visited us with V  ter and
Siegfried Guenther (his two top aerodynamic designers) for a demonstration
run. They were very impressed and asked me about the equivalent horsepower
per square meter. [ replied, ““A little less than 1000,” but hastened to add that
the flight engine would have more than 2500 hp/m? because of the much
greater tip speed and greater relative flow cross sections. During April, we
conducted a systematic testing program.

After the first run of the hydrogen engine, Heinkel ordered his patent
office to apply for patents of the hydrogen engine. Because of earlier patents,
the only patentable item was my hydrogen combustion system.

I became employed as division chief, reporting directly to Heinkel, and
received an independent royalty contract, as I had desired. An enormous
amount of pressure was now exerted by Heinkel to build the flight engine.

_ During the last months of 1937, Walter and Siegfried Guenther began
with predesign studies of the first jet-propelled aircraft (He-178) and specified

a static thrust of 11001b for the flight engine (He.S3). The aircraft was

essentially an experimental aircraft with some provisions for armament.

In late 1937, while I was working on different layouts of the flight engine,
Max Hahn showed me his idea of arranging the combustor in the large unused
space in ont of the radial-flow compressor. : pointed out that this would
greatly reduce the rotor length and total weight. Hahn’s suggestion was
incorporated into the layout of the flight engine (see Fig. 12). In early 1938, we
had a well-functioning annular combustor for gasoline. The design of the flight
engine was frozen in the summer of 1938 to complete construction and testing
by early 1939.

In spring 1939, aircraft and engine were completed, but the engine
performance was too low: about 800-1b thrust, while a thrust of 1000 to 1100 1b
was desirable to start the aircraft from Heinkel’s relatively short company
airfield. We made several improvements, mostly optimizing the easily ex-
changeable radial cascades of the compressor-diffuser and turbine stator. In
early August, we had reached 1000 1b of thrust. We made only several 1-hr test
runs with the flight engine. However, upon suggestion of the Air Ministry, we
completed a continuous 10-hr test run with a rotor which was not used for
flight tests.

On August 27, 1939, the first flight of the He-178 with jet engine He.S3B
was made with Erich Warsitz as pilot (Fig. 13). This was the first flight of a

bojet aircraft in the world. It demonstrated not only the feasibility of jet
propulsion, but also several characteristics that had been doubted by many
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FIGURE 12
19371  gn of the He.S3 turbojet engine.
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FIGURE 13

The world’s first jet-powered aircraft, the Heinkel He-178, was powered by the von Ohain-
designed He.S3B turbojet engine. (National Air and Space Museum.)
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opponents of turbojet propulsion:

* The flying engine had a very favorable ratio of net power output to engine
weight—about 2 to 3 times better than the best propeller/piston engines of
equal thrust power.

e The combustion chambers could be made small enough to fit in the engine
envelope and could have a wide operational range from start to high altitude
and from low to high flight speed.

The advantages of developing a flight demonstration turbojet in Heinkel’s
aircraft company were unique. Among the advantages were complete technical
freedom, lack of importance attached to financial aspects, no government
requirements, and no time delays; the aircraft was, so to speak, waiting for the
engine. These great advantages were true only for the initial phases of jet
engine development up to the first flight demonstrator. For making a
production engine, however. enormous disadvantages included complete lack
of experts in fabrication (tu omachinery, etc.), materials, research (turbines),
accessory drives, control systems, no machine tools or component test stands,
etc. Heinkel was very aware of this situation. His plan was to hire engineers
from the aircraft engine field and to purchase an aircraft engine company.

Other Early Turbojet Development in Germany

The following events developed at the .same time, which was of great
importance for the early phases of the turbojet evolution:

1. Professor Herbert Wagner privately started an aircraft gas turbine develop-
ment project.

2. The Air Ministry became aware of Heinkel’s turbojet project in 1938 and
exerted a strong influence upon the engine industry to start turbo
development projects.

3. Heinkel purchased an aircraft engine corporation and received a contract
for development and production of a high-performance turbojet engine.

In 1934, Wagner conceived the idea of an axial-flow propeller gas turbine
while he was a professor of acronautics in Berlin and formed a corporation to
pursue these ideas. (I heard about Wagner’s project for the first time in spring
of 1939.) By introducing a design parameter that was the ratio of propeller
power input to total net power output, he had conceived a gas turbine engine
that was a cross between a turbojet and a propeller gas turbine.

Wagner first explored what would happen if the propeller power input was
50 percent of the total power output. This condition was favorable for
long-range transport. Then in 1936, he investigated the “limiting case™ of zero
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propeller power input, which constituted a turbojet. This engine was of great
interest for high-speed aircraft because of its light weight.

The unique feature of Wagner’s design was the utilization of 50 percent
reaction turbomachinery (or synunetric blading). A compressor with 50 percent
reaction blading has the greatest pressure ratio and efficiency for a given blade
approach Mach number; but the design is difficult because of the inherently
strong three-dimensional flow phenomena. This problem was solved by one of
Wagner’s coworkers, Rudolf Friedrich.

At the time Wagner was working on the turbojet engine, in about 1936,
he became technical director of the Junkers Airframe Corporation in Dessau.
The jet engine work was conducted in the Junkers machine factory, which was
located in Magdeburg. 7 : head of his turbojet development was Max A.
Mueller, his former “first assistant.”

In late fall, 1938, Wagner had decided to leave the Junkers Corporation,
but he wanted to obtain funds from the Air Ministry for the continuation of his
turbojet development work. The Air Ministry agreed to Wagner's request
under the condition that the jet development be continued at the Junkers
Aircraft Engine Company in Dessau. This seemed to be acceptable to Herbert
Wagner. However, his team of about 12 very outstanding scientists and
engineers (among them the team leader, Max A. Mueller, and the highly
regarded Dr. R. Friedrich) refused to join the Junkers Aircraft Engine
Company under the proposed working conditions. Heinkel made them very
attractive work offers which convinced Wagner's rmer team to join the
Heinkel Company. Heinkel added Wagner’s axial turbojet to his development
efforts (designa | as the He.S30). So, in early 1939, Heinkel had achieved one
goal—to attract excellent engineers r his turbojet development.

In early 1938, the Air Ministry had become aware of Heinkel’s private jet
propulsion development. The Engine Development Division of the Air
Ministry had a small section for special propulsion systems which did not use
propellers and piston engines, but rather used special rockets for short-time
performance boost or takeoff assistance. Head of this section was Hans Mauch.
He asked Heinkel to see his turbojet development in early summer 1938, more
than one year before the first flight of the He-178. After he saw Heinkel’s
hydrogen turbojet demonstrator in operation and the plans for the flight
engine, he w  very impressed. He thanked Heink for the demonstration and
pointed out that turbojet propulsion was, for him, a completely unknown and
new concept. He soon became convinced that the turbojet was the key to
high-speed flight. He came, however, to the conclusion that Heinkel, as an
airframe company, would never be capable of developing a production engine
because the company lacked engine test and manufacturing facilities and, most
of all, it lacked engineers experienced in engine development and testing
techniques. He wanted the Heinkel team to join an aircraft engine company
(Daimler-Benz) and serve as a nucleus for turbojet propulsion development.
Furthermore, he stated that Ernst Heinkel should receive full reimbursement
and recognition for his great pioneering achievements. Heinkel refused.
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In the summer of 1938, Mauch met with Helmut Schelp, who was in
charge of jet propulsion in the Research Division of the Air Ministry. Mauch
invited Schelp to join him in the Engine Development Division. Schelp
accepted the transfer because he saw r greater opp 1 ties for action than
in his Research Division. In co -ast to Mauch, Schelp was very well aware of
turbojet propulsion and was convinced about its feasibility. He was well versed
in axial and radial turbomar 1ery and with the aerothermodynamic perfor-
mance calculation methods of turbojet, ramjet, and pulse jet. Like Mauch, he
was convinced of the necessity that the aircraft engine companies should work
on the development of turbojet engines. However, Schelp did not see a
necessity for Heinkel to discontinue his jet engine development. He saw in
Heinkel's progress a most helpful contribution for convincing the engine
industry to also engage in the development of turbojets, and for proving to the
higher echelons of the Air Ministry the necessity of launching a turbojet
development program throughout the aircraft engine companies.

Schelp worked out the plans and programs for jet propulsion systems,
decided on their most suitable missions, and selected associated aircraft types.
Schelp’s goal was to establish a complete jet propulsion program for the
German aircraft engine industry. He also talked with Hans Antz of the
Airframe Development Division of the Air Ministry to launch a turbojet
fighter aircraft development as soon as possible.  is became the Me-262. To
implement the program, Mauch and Schelp decided to visit aircraft engine
manufacturers—Junkers Motoren (Jumo), Daimler-Benz, BMW Flugmotoren-
bau. and Bradenburgische Motorenweke (Bramo). Mauch and Schelp offered
each company a research contract to determine the best type of jet engine and
its most suitable mission. After each study was completed and evaluated, a
major engine development contract might be awarded.

The industry’s response to these proposals has been summed up by R.
Schlaifer in Development of Aircraft Engines, and Fuels (Ref. 4): “The
reaction of the engine companies to Mauch’s proposals was far from
enthusiastic, but it was not completely hostile.”

Anselm Franz and Hermann Oestrich were clearly in favor of developing
a gas turbine engine. Otto Mader, head of engine development at Jumo, made
two counter arguments agair  taking on turbojet propulsion developments.
He said, first, that the hig it priority of Jumo was to upgrade the pe jrmance
of its current and future piston engines, and that this effort was already
underpowered; and, second, Jumo did not have workers with the necessary
expertise in turbomachine engine development! After several meetings bet-
ween Mader and Schelp, however, Mader accepted the jet engine development
contract and put Franz in charge of the turbojet project. At that time, Dr.
Anselm Franz was head of the supercharger group. Daimler-Benz completely
rejected any work on gas turbine engines at that time. Meanwhile, BMW and
Bramo began a merger, and after it was finalized, Hermann Oestrich became
the head of the gas turbine project for BMW.

These developments show that the aircraft engine industries in Germany
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FIGURE 14

Drawing of Jumo 004B turbojet engine showing air cooling system [thrust=20001b, airflow =
46.6Ib/sec, pressure ratio = 3.14, turbine inlet temperature = 1427°F, fuel consumption =14
(Ib/hr)/hr, engine weight = 1650 Ib, diameter = 30 in, length = 152 in, efficiencies: 78% compressor,
95% combustor, 79.5% turbine].

did not begin to develop jet engines on their own initiative, but rather on the
initiative and leadership of Mauch, and specifically of Helmut Schelp of the
technical section of the German Air Ministry. Without their actions, the engine
companies in Germany would not have begun development work on turbojet
propulsion. The net result of Schelp’s planning efforts was that two important
turbojet engine developments were undertaken by the German aircraft engine
industry, the Junkers Engine Division and BMW.

The Jumo 004 (shown in Fig. 14), developed under the leadership of
Anselm Franz, was perhaps one of the truly unique achievements in the history
of early jet propulsion development leading to mass production, for the
following reasons:

* It employed axial-flow turbomachinery and straight throughflow combustors.

It overcame the nonavailability of nickel by air-cooled hollow turbine blades
made out of sheet metal.

* The manufacturing cost of the engine amounted to about one-fifth that of a
propeller/piston engine having the equivalent power output.

e The total time from the start of development to the beginning of large-scale
production was a little over 4 years (see Table 1).

* [t incorporated a variable-area nozzle governed by the control system of the
engine, and model 004E incorporated afterburning.

The above points reflect the design philosophy of Dr. A. Franz for the
Jumo 004, which was lowest possible development risk, shortest development
time, dealing with a complete lack of heat-resistant materials, and minimizing
manufacturing cost. From this design philosophy, it is understandable that the
Jumo 004 engine, while fully meeting the requirements, did not have the
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TABLE 1
Jumo 004 development and production schedule

Start of development Fall 1939
First test run Oct. 11, 1940
First flight in Me-262 July 18, 1942
Preproduction 1943
Beginning of production Early 1944
Introduction of hollow blades Late 1944
About 6000 engines delivered May 1945

highest overall performance compared to some contemporary experimental
axial-flow engines, such as the He.S30 and others. If it had been possible for
the Jumo 004 to employ heat resistant materials, then the engine thrust, the
thrust/weight ratio, and the efficiency would have been increased substantially.
Also the engine life could have been drastically increased from about 25 hr to
well over 100 hr. However, since the combat life of a German fighter was well
below 25 hr, the economical optimum could tolerate a short engine life and the
avoidance of nickel. Furthermore, to avoid any development risk or time
delay, the compressor type chosen for the Jumo 004 was one where essentially
all the static pressure increase occurs in the rotor and none in the stator (a
free-vortex type of compressor having constant axial velocity over the blade
span). Although such a compressor type does not have the best performance,
at that time it was best understood. The above-described points show that the
Jumo 004 represented an outstanding compromise between engine perfor-
mance, the existent design constraints due to materials shortage, the need for
short development time, and earliest possible production.

The BMW 003 turbojet engine, which was developed under the leader-
ship of Hermann QOestrich, was also a resounding success. Since its thrust was
smaller than that of the Jumo 004, it was ideally suited for the He-162. After
World War II, Oestrich and a group of prominent scientists and engineers from
Germany went to France and helped lay the foundation for France's turbojet
industry.

Now I would like to go back to the end of 1939, when Heinkel began to
make plans for buying an engine company. After the first flight of the He-178
on August 27, 1939, Heinkel invited high officials of the Air Ministry to see a
flight demonstration of the He-178. This demonstration took place on
November 1, 1939. At that occasion, Heinkel offered the development of a jet
fighter, the He-280, which had two outboard engines under the wing. Heinkel
received a contract for this aircraft in early 1940. In addition, I believe Udet
and Heinkel had made an agreement that Heinkel would get official permission
to buy the Hirth Engine Company, if the first flight of the He-280 could be
demonstrated by April 1941.

The He-280 had severe restrictions with respect to distance of the engine
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nacelle from the ground. It actually was designed for the axial engine He.S30
(the Wagner turbojet engine). It appeared, however, unlikely that the He.S30
would be ready in time. On the other hand, it was impossible to use an engine
of the He.S3B type, which had powered the He-178, because the diameter of
this engine type would have been far too large. Under these conditions, I could
see only one possible solution for succeeding in time, and this solution had
extreme high risk. I employed a radial rotor similar to that of the He.S3B and
combined it with an axial (adjustable) vane diffuser and a straight throughflow
annular combustor.

The company designation of this engine was He.S8A. We had only about
14 months for this development, but we were lucky—it worked surprisingly
well, and Heinkel could demonstrate the first flight of the He-280 on April 2,
1941. The government pilot was Engineer Bade. Earlier flights in late March
were done by Heinkel'’s test pilot, Fritz Schaefer.

A few days after this demonstration, Heinkel obtained permission to buy
the Hirth Motoren Company in Stuttgart, which was known for its excellent
small aircraft engines. This company had outstanding engineers, scientists,
machinists, precision machine tools, and test stands. Heinkel relocated the
development of the He.S30 to his new Heinkel-Hirth engine company in order
to make use of the excellent test and manufacturing facilities. In the summer of
1942, the He.S30 was ready for testing. It performed outstandingly well. The
continuous thrust was about 1650 1b. From a technical standpoint, this engine
had by far the best ratio of thrust to weight in comparison to all other
contemporary engines. The superiority of the He.S30 was, in large part, the
result of its advanced 50 percent reaction degree axial-flow compressor,
designed by Dr. R. Friedrich. However, the success of the He.S30 came too
late. The He-280 had been thoroughly tested. While it was clearly superior to
the best contemporary propeller/piston fighter aircraft, the He-280 had
considerably lower flight performance than the Me-262 with respect to speed,
altitude, and range. Also, the armament of the He-280 was not as strong as
that of the Me-262. For these reasons, the He.S8 and the He.S30 were canceled
in the fall of 1942; the He-280 was officially canceled in early 1943. The Me-262
(Fig. 15) went on to become the first operational jet fighter powered by two
Jumo 004B turbojet engines. The Air Ministry did give full recognition to the
excellence of the 50 percent reaction degree compressor type as most suitable
for future turbojet developments.

Thus, in the fall of 1942, Heinkel had lost his initial leadership in jet
aircraft and turbojet engines. Ironically, this happened when he had just
reached his goal of owning an aircraft engine company with an outstanding
team of scientists and engineers. It was the combined team of the original
Hirth team, the Heinkel team, and Wagner’s team. These conditions made
Heinkel fully competitive with the existent aircraft engine industry. The Air
Ministry had recognized the excellence of Heinkel’s new team and facilities.
Helmut Schelp, who in the meantime had become the successor of Hans
Mauch, was in favor of the Heinkel-Hirth Company’s receiving a new turbojet
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undertaken in areas such as

* Fundamental research in combustion processes, development, and technol-
ogy efforts for increasing specific mass flow through combustors and
reducing the total pressure drop: and for achieving nearly 100 percent
combustion efficiency wi  a more uniform temperature profile at combustor
exit.

¢ Minimizing the excitation of vibrations (including aeroelastic effects) and
associated fatigue phenomena.

+ Continuous improvement of the structural design and structural materials,
such as composite materials, heat- and oxidation-resistant alloys and
ceramics.

* Increasing the turbine temperature capability by improving air cooling
effectiveness. Also increasing the polytropic turbine efficiency.

* Improvement of the compressor with respect to greater specific mass flow,
greater stage pressure ratio, greater overall pressure ratio, and greater
polytropic efficiency.

» Advanced controllable-thrust nozzles and their interactions with the aircraft.

¢ Advanced control systems to improve operation of existing and new engines.

All the above research and development areas were, and still are, of great
importance for the progress in turbopropulsion systems; however, the com-
pressor can perhaps be singled out as the key component because its
advancement was a major determining factor of the rate of progress in turbo
engine development. This will become apparent from the following brief
description of the evolution of the turbopropulsion systems.

Development of High-Pressure-Ratio Turbojets

The first step to improve the early turbojets was to increase their overall
efficiency. To do this, it was necessary to increase the thermodynamic cycle
efficiency by increasing the compressor pressure ratio. The trend of compressor
pressure ratio over the calendar years is shown in Table 2.

TABLE 2
Trend in compressor pressure ratios

Calendar years Compressor pressure ratio
Late 1930 to mid-1940 3:1 to about 5:1

Second half of 1940s 5:1 and 6:1

Early 1950 About 10:1

Middle to late 1960s 20:1 to about 25:1

End of century (2000) 30:1 to about 40:1
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In the ecarly 1940s, it was well understood that a high-pressure-ratio
(above 6:1), single-spool, fixed-geometry compressor can operate with good
efficiency only at the design point, or very close to it. The reason is that at the
design point, all compressor stages are matched on the basis of the compres-
sibility effects. Consequently, under off-design conditions where the compres-
sibility effects are changed, the stages of a high-pressure-ratio compressor are
severely mismatched, resulting in a very low off-design efficiency. For example,
at an operational compressor rpm (which would be substantially below the
design rpm), the compressibility effects are small. Under such off-design
conditions, the front stages tend to operate under stalled conditions, while the
last stages tend to work under turbining conditions. Such compressor charac-
teristics are unacceptable for the following reasnns:

* Enormous difficulties in starting such an engine

* Very poor overall efficiency (or poor fuel economy) under part-load
operation

* Very low overall efficiency at high supersonic flight speed (because the
corrected rpm is very low as a result of the high stagnation temperature of
the air at the compressor inlet)

By the end of the 1940s and early 1950s, excellent approaches emerged
for the elimination of the above shortcomings of simple high-pressure-ratio
compressors. Pratt & Whitney, under the leadership of Perry Pratt, designed a
high-pressure-ratio jet engine (the J57) with a dual-rotor configuration. (In
later years, triple-rotor configurations were also employed.) The ratio of rpm
values of the low- and high-pressure spools varies with the overall pressure
ratio and, in this way, alleviates the mismatching effects caused by the changes
in compressibility. At approximately the same time, Gerhard Neumann of
General Electric conceived a high-pressure-ratio, single-spool compressor
having automatically controlled variable stator blades. This compressor con-
figuration was also capable of producing very high pressure ratios because it
alleviated the mismatching phenomena under off-design operation by stator
blade adjustment. In addition, the controlled variable-stator-compressor offers
the possibility of a quick reaction against compressor stall. The variable-stator
concept became the basis for a new, highly successful turbojet engine, the J79,
which was selected as the powerplant for many important supersonic Air Force
and Navy aircraft. A third possibility to minimize mismatching phenomena was
variable front-stage bleeding, which was employed in several engines.

Before I continue with the evolution of the turbo engines toward higher
overall efficiencies, a brief discussion about the research and development
efforts on compressor bladings and individual stages is in order. Such efforts
existed to a small degree even before the advent of the turbojet (in
Switzerland, Germany, England, and other countries). However, in the
mid-1940s, those research efforts began to greatly intensify after the turbojet
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appeared. It was recognized that basic research and technology efforts were
needed in order to continuously increase

* Stage pressure ratio and efficiency
e Mass throughflow capability

Very significant contribution; had been made by universities, research
institutes, and government laboratories (NACA, later NASA; Aero Propulsion
Laboratory, and others), and industry laboratories. Many outstanding research
results were obtained from universities in areas of rotating stall, three-
dimensional and nonsteady flow phenomena and transonic flow effects, novel
flow visualization techniques for diagnostics (which identified flow regions
having improvement possibilities), understanding of noise origination, and
many others.

Two examples where government laboratories had achieved very crucial
advancements which were later adapted by industry were the following: In the
early 1950s, the NACA Lewis Re  -ch Center, under the | lership of Abe
Silverstein, advanced compressor aerodynamics to transonic and supersonic
flow, critical contributions for increasing the compressor-stage pressure ratio.
He initiated a large transonic and supersonic compressor research program.
Many in-depth studies furnished information for utilizing this new compressor
concept. Later, the Air Force Proj sion Laboratory, under the leadership of
Arthur Wennerstrom, conducted advanced compressor research and intro-

iced a very important supersonic compressor concept, which was particularly
applicable for front stages bzcause it selved the most difficult combined
requirements of high mass flow ratio, high pressure ratio, high efficiency, and
broad characteristics.

The continuous flow of research and technological contributions extended
over the last four decades and is still going on. The total cost may have been
several hundred million dollars. Some of the results can be summarized as
follows: The polytropic compressor efficiency, which was slightly below 80
percent in 1943, is now about 92 percent; the average stage pressure ratio,
which was about 1.15:1 in 1943, is now about 1.4:1 and greater; the corrected
mass flow rate per unit area capability grew over the same time period by more
than 50 percent. ‘

The improvement in compressor efficiency had an enormous impact on
engine performance, specifically on the overall engine efficiency. The substan-
tially increased stage pressure ratio and the increased corrected mass flow rate
per unit area capability resulted in a substantial reduction of engine length,
frontal area, and weight-per-power output.

Let us now return to the 1950s. As previously stated, the new turbojets
employing a dual-rotor configuration or controlled variable-stator blades were
capable of substantially higher pressure ratios than the fixed-geometry,
single-spool engines of the 1940s. Engine cycle analysis showed that the high
power-per-unit mass flow rate needed for the advanced engines required
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higher turbine inlet temperatures. This requirement led to continuous major
research efforts to achieve high-efficiency combustion with low pollution, to
increase the effectiveness of turbine blade-cooling methods, and to improve the
temperature capabilities of materials. So the turbojets of the 1950s had made
substantial progress in thermodynamic efficiency and propulsive thrust per
pound of inlet air per second. The latter characteristic means that the velocity
of the exhaust gas jet had increased.

Development of High-Bypass-Ratio Turbofans

For supersonic flight speeds, the overall efficiency of these turbojets was
outstanding. However, for high subsonic and transonic flight speeds (around
500 to 600 mi/hr), the velocity of the exhaust gas jet was too high to obtain a
good propulsive efficiency.- Under these conditions, the bypass engine (also
called turbofan or fan-jet) became a very attractive approach for improving the
propulsive efficiency. The it fan-jets had a relatively small bypass ratio of
about 2:1. (Bypass ratio is the ratio of mass flow bypassing the turbine to mass
flow passing through the turbine.) In the early 1960s, the U.S. Air Force had
established requirements for military transports capable of an e ely long
range at high subsonic cruise speeds. Such requirements could be met only by
employing propulsion systems of highest possible thermodynamic and propul-
sive efficiencies, which led to the following engine characteristics:

* Very high compressor pressure ratios between 20:1 and 30: | which could be
a eved by combining the concepts of varia : stator and dual rotor

* Very high turbine inlet temperatures
* Very high bypass ratios, around 8:1

The first engine of this type was the TF39 (Fig. 16), a military transport engine
developed by General Electric under the leadership of Gerhard Neumann.
Four of the TF39 turbofan engines powered the Lockheed C5A.

The Air Force Propulsion Laboratory, under the leadership of Cliff
Simpson, had played a key role in the establishment of these requirements.
Simpson also succeeded in convincing the highest Air Force and Department
of Defense -echelons of the significance of this new type of air-breathing
propulsion system, which he considered a technological breakthrough. (At that
time, it was difficult to generate interest in advanced air-breathing propulsion
system concepts, since the nation’s attention was focused on rocket propulsion
for space exploration.)

The advantages of the high-bypass-ratio turbofan engines can be sum-
marized as follows:

* High overall efficiency, resulting in a long flight range
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FIGURE 16
The TF39 high-bypass-ratio turbofan engine used on the Lockheed C5 transport. (Courtesy of
General Electric Aircraft Engines.)

* Strong increase in propulsive thrust at low flight speeds, which is important
for takeoff, climbing, and ¢ cient part-load operation

* Lower jet velocity, which leads to great noise reduction
* Low fuel consumption, which reduces chemical emissions

These characteristics had been demonstrated in the late 1960s and early 1970s.
They also became of great interest for commercial aircraft and led to the
development of the widebody passenger aircraft.

During the 1980s, the continuous flow of advanced technology of turbo
engine components had brought a high degree of maturity to the various
aircraft gas turbine engine types, such as the following:

* The above-discussed high-bypass-ratio engines
* The low-bypass-ratio engines with afterburning for supersonic flight

* The pure turbojet for high supersonic flight Mach numbers of approximately
3

The small and medium aircraft shaft-power gas turbines also benefited
enormously from the continuous improvement of turbomachinery technology.
These small gas turbines are used in helicopters and subsonic propeller aircraft.
The high power/weight ratio and the high thermodynamic efficiency of the
advanced shaft-power gas turbine engines played a key role in the advance-
ment of helicopters.
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FUTURE POTENTIAL OF AIR-BREATHING
JET PROPULSION SYSTEMS

In the future, major advancement of air-breathing jet propulsion systems can
be expected from

* Evolutionary 1pr =ments of the established large-bypass-ratio turbofan
engines for tra~-onic fl 1t speeds and the low-t _ ass-ratio turbofan, or pure
turbojet engine., for supe mic flight speeds

e ‘Improvements :  w approaches to engine-ai. ane integration

e New approaches to air-breathing propulsion systems for } supersonic and
hypersonic flight speeds

The evolutionary improvements of established engine types will result in
greater fuel economy and better performance characteristics. By the end of the
century, one can expect polytropic efficiencies of turbine and compressor of
nearly 95 percent. Furthermore, one will see cousiderably increased single-
stage pressure ratios; significantly higher turbine inlet temperatures resulting
from better heat- and oxidation-resistant materials, and more effective
blade-cooling methods; and much lighter structural designs and materials
(composite materials). This technological progress may result in an overall
engine efficiency increase of about 20 percent and in a weight reduction for
given horsepower output by probably a factor of 2 and higher.

For the evolution of high-bypass-ratio engines at cruise speeds between
500 and 600 mi/hr, the following trend is important; the greater the turbine
inlet temperature and the higher the polytropic efficiencies of the compressor
and the turbine, the higher the optimum pressure ratio of the gas turbine
engine and the bypass ratio of the fan. In the future, this trend will lead to
larger bypass ratios; hence, the fan shroud will become relatively large in
diameter and will contribute substantially to the weight and external drag of
the propulsion system. Several solutions are conceivable to alleviate this
problem, but at this time it is not possible to predict the most promising
approach.

One way is to eliminate the fan shroud by using an unshrouded fan
(having a multiplicity of swept-back fan blades, see Fig. 17), also called a
prop-fan. This configuration is currently in an experimental state and may
become very important in the future for improving fuel economy. Another
possibility may lie in the development of a transonic airframe configuration in
which the large fan shrouds have a dual function: They contribute, in part, to
the stability of the aircraft (horizontal and vertical stabilizer surfaces) while
serving at the same time as a shroud for the fan. Finally, it may be conceivable
that, in the future, a practical airframe and wing configuration can be
developed which will be capable of extending a high lift/drag ratio to a flight
speed regime which is very close to the speed of sound (a kind of well-known
“supercritical” airframe configuration proposed by Whitcomb of NASA). If
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the greatest

* Combustion heat and fuel-air concentration range
* Diffusion speed and reaction speed
* Heat-sink capabilities

This supersonic combustion ramjet cycle is characterized by a reduction
of the undisturbed hypersonic flight Mach number to a somewhat lower
hypersonic Mach number with an increase in entropy, which should be as low
as possible. The deceleration process must be chosen ir such a manner that the
increases in static pressure and entropy correspond to a high-performance
Brayton cycle. The internal thrust generated by the exhaust gas must be larger
than the external drag forces acting on the vehicle.

To minimize the parasitic drag of the ramjet vehicle systems, various
external ramjet vehicle configurations have been suggested. However, theoret-
ical and experimental investigations will be necessary to explore their
associated aerothermochemical problems.

For the experimental research, one may consider investigations using
free-flight models or hypersonic wind tunnels with true temperature simula-
tion. Historically, it may be of interest that many suggestions and investigations
had been made as to how to achieve clean hypersonic airflows with true
stagnation temperatures. I remember much work and many discussions with
Dr. R. Mills, E. Johnson, Dr. Frank Wattendorf, and Dr. Toni Ferri about *‘air
accelerator’ concepts, which aimed to avoid flow stagnation and the genera-
tion of ultrahigh static temperatures and chemical dissociation.

Since the Wright brothers, enormous achievements have been made in
both low-speed and high-speed air-breathing propulsion systems. The coming
of the jet age opened up the new frontiers of transonic and supersonic flight
(see Fig. 3). While substantial accomplishments have been made during the
past several decades in the field of high supersonic and hypersonic flight (see
Ref. 2), it appears that even greater challenges lic ahead.

For me, being a part of the growth in air-breathing propulsion over the
past 60 years has been both an exciting adventure and a privilege. This
foreword has given you a view of its history and future challenges. The
following book presents an excellent foundation in air-breathing propulsion
and can prepare you for these challenges. My wish is that you will have as
much fun in propulsion as I have.

Hans von Ohain
German inventor of the jet engine
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PREFACE

This undergraduate text provides an introduction to the fundamentals of gas
turbine engines and jet propulsion. These basic elements determine the
behavior, design, and operation of the jet engines and chemical rocket motors
used for propulsion. The text contains sufficient material for two sequential
courses in propulsion: an introductory course in jet propulsion and a gas
turbine engine components course. It is based on one- and two-course
sequences taught at several different universities over the past 15 years. The
author has also used this text for a course on turbomachinery.

The outstanding historical foreword by Hans von Ohain (the German
inventor of the jet engine) gives a unique perspective on the first 50 years of jet
propulsion. His account of past development work is highlighted by his early
experiences. He concludes with predictions of future developments.

The text gives examples of existing designs and typical values of design
parameters. Many example problems are included in this text to help the
student see the application of a concept after it is introduced. Problems are
included at the end of each chapter that emphasize those particular principles.
Two extensive design problems for the preiliminary selection and design of a
gas turbine engine cycle are included. Several turbomachinery design problems
are also included.

The text material is divided into four parts:

* Introduction to aircraft and rocket propulsion (Chap. 1)
* Basic concepts and one-dimensional gas dynamics (Chaps. 2 and 3)

Iv
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e Analysis and performance of air-breathing propulsion systems (Chaps. 4
through 8)
* Analysis and design of gas turbine engine components (Chaps. 9 and 10)

Chapter 1 introduces the types of air-breathing and rocket propulsion
systems and their basic performance parameters. Also included is an introduc-
tion to aircraft and rocket systems which reveals the influence that propulsion
system performance has on the overall system. This material facilitates
incorporation of a basic propulsion design problem into a course, such as new
engines for an existing aircraft.

The fundameéntal laws of mass conservation, momentum, and thermo-
dynamics for a control volume (open system) and the properties of perfect
gases are reviewed in Chap. 2. For some students, the material on one-
dimensional gas dynamics in Chap. 3 will be a review of material they have
already had. For other students, this chapter may be their first exposure to this
information and may require greater effort to understand.

The analysis of gas turbine engines begins in Chap. 4 with the definitions
of installed thrust, uninstalled thrust, and installation losses. This chapter also
reviews the ideal Brayton cycle which limits gas turbine engine performance.

Two types of analysis are developed and applied to gas turbine engines in
Chaps. 5 through 8: parametric cycle analysis (thermodynamic design point)
and performance analysis. The text uses the cycle analysis methods introduced
by Professor Frank E. Marble of the California Institute of Technology and
further developed by Gordon C. Oates (deceased) of the University of
Washington and Jack L. Kerrebrock of the Massachusetts Institute of
Technology. The steps of parametric cycle analysis are identified in CI 1. 5
and then used to model engine cycles from the simple ramjet to the complex,
mixed-flow, afterburning turbofan engine. Families of engine designs are
analyzed in the parametric analysis of Chaps. 5 and 7 for ideal engines and
engines with losses, respectively. Chapter 6 develops the overall relationships
for engine components with losses. The performance analysis of Chap. 8
models the actual behavior of an engine and shows why its performance
changes with flight conditions and throttle settings. The results of the engine
performance analysis can be used to establish component performance
requirements.

'Chapter 9 covers both axial-flow and centrifugal-flow turbomachinery.
Included are basic theory and mean-line design of axial-flow compressors and
turbines, quick design tools (e.g., repeating-row, repeating-stage design of
axial-flow compressors), example multistage comnressor designs. flow path and
blade shapes, turbomachinery stresses. and tu ine cooling. Example output
from the COMPR and TURBN programs is included in several example
problems. ‘ ]

Inlets. exhaust nozzles, and combustion systems are modeled and
analyzed in Chap. 10. The special operation and performance characteristics
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of supersonic inlets are examined and an example of an external compression
inlet is designed. The principles of physics that control the operation and
design of main burners and afterburners are also covered.

The extensive appendixes contain tables for compressible flow functions,
normal and oblique shocks, Rayleigh line flow, Fanno line flow, and properties
of standard atmosphere. There is also material on turbomachinery stresses as
well as useful data on existing gas turbine engines and liquid-propellant rocket
engines.

Five computer programs are provided for use with this textbook:

AFPROP—properties of combustion products for air and (CH,),
* COMPR—axial-flow compressor mean-line design analysis

* PARA—parametric engine cycle analysis

« PERF—engine performance analysis

* TURBN—axial-flow turbine mean-line design analysis

The AFPROP program can be used to help solve problems of perfect gases
with variable specific heats. The PARA and PERF programs support the
material in Chaps. 5 through 8. PARA is very useful in determining variations
in engine performance with design parameters and in limiting the useful range
of design values. PERF can predict the variation of an engine’s performance
with flight condition and throttle. Both are very useful in evaluating alternative
engine designs and can be used in design problems that require selection of an
engine for an existing airframe and specified mission. The COMPR and
TURBN programs permit preliminary design of axial-flow turbomachinery.

Introductory Course:

* Chapters 1 and 2, all

e Chapter 3, Secs. 3-1 through 3-7

* Chapter 4, all

» Chapter 5, Secs. 5-1 through 5-9 and other engine cycles of interest
e Chapter 6, Secs. 6-1 through 6-8

* Chapter 7, Secs. 7-1 through 7-4 and other engine cycles of interest
¢ Chapter 8, Secs. 8-1 through 8-4 and one of Secs. 8-5, 8-6, and 8-7

Gas Turbine Engine Components Course:

e Chapter 2, all

* Chapter 3, all

¢ Chapter 8, Secs. 8-1 through 8-7
* Chapter 9 and App. J, all

e Chapter 10, all



Iviii  prEFACE

The material in Chaps. 2, 3, and 9 and App. J of this text have also been
used to teach the major portion of an undergraduate turbomachinery course.
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area; constant

speed of sound; constant

constant [Eq. (5-90)]

effective exhaust velocity [Eq. (1-53)]; circumference; work
output coefficient

angularity coefficient

work output coefficient of core

coefficient of drag; discharge coefficient

thrust coefficient

gross thrust coefficient

coefficient of lift

pressure coefficient

work output coefficient of propeller

total work output coefficient

velocity coefficient

characte ic velocity

chord

frictional coefficient

specific heat at constant pressure

specific heat at constant volume

axial chord

drag

differential (infinitesimal increase in); diameter
energy; modulus of elasticity

energy per unit mass; polytropic efficiency; exponential
(=2.7183)

endurance factor [Eq. (1-38)]

force: uninstalled thrust; thrust

gross thrust

lix
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f fuel/air ratio: function

FR -ust ratio [Eq. (5-56)]
g acceleration of gravity
8 Newton’s constant
8o acceleration of gravity at sea level
H enthalpy
h enthalpy per unit mass; height
hpr low heating value of fuel
I impulse function [= PA(1l + yM?)]
Iy specific impulse [Eq. (1-55)]
K constant
L length
M Mach number; momentum
M time rate of change of momentum
m mass
m mass flow rate
M molecular weight
MFP mass flow parameter

MR vehicle mass ratio
N revolutions per minute
n load factor; burning rate exponent
nyp nurnber of blades
P pressure
P; pro  factor
P; weight specific excess power
P, total pressure
PF pattern factor
0] heat interaction
Q  rate of heat interaction
q heat interaction per unit mass; dynamic pressure
[=pV?/(28.)]
R gas constant; extensive property; radius; additional drag
R, universal gas constant
r radius; burning rate
RF range factor [Eq. (1-43)]
°R degree of reaction
S uninstalled thrust specific fuel consumption; entropy
$§  time rate of change of entropy
S wing planform area
s entropy per unit mass; blade spacing
T temperature; installed thrust
T, total temperature
t time; airfoil thickness
TR throttle ratio [Eq. (8-34)]

0

TSFC installed thrust specific fuel consumption
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internal energy; blade tangential or rotor velocity
internal energy per unit mass; velocity
absolute velocity; volume

volume per unit mass; velocity

weight; width

power

work interaction per unit mass; velocity
weight flow rate

coordinate system

energy height [Eq. (1-25)]

Zweifel tangential force coefficient [Eq. (9-97)]

Greek

bypass ratio; angle; coefficient of linear thermal expansion
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CHAPTER

1

INTRODUCTION

1-1 PROPULSION

The Random House College Dictionary (Ref. 1) defines propulsion as “‘the act
of propelling, the state of being propelled, a propelling force or impulse’ and
defines the verb propel as “to drive, or cause to move, forward or onward.”
From these definitions, we can conclude that the study of propulsion includes
the study of the propelling force, the motion caused, and the bodies involved.
Propulsion involves an object to be propelled plus one or more additional
bodies, called propellant.

The study of propulsion is concerned with vehicles such as automobiles,
trains, ships, aircraft, and spacecraft. The focus of this textbook is on the
propulsion of aircraft and spacecraft. Methods devised to produce a thrust
-force for the propulsion of a vehicle in flight are based on the principle of jet
propulsion (the momentum change of a fluid by the propulsion system). The
fluid may be the gas used by the engine itself (e.g., turbojet), it may be a fluid
available in the surrounding environment (e.g., air used by a propeller), or it
may be stored in the vehicle and carried by it during the flight (e.g., rocket).

Jet propulsion systems can be subdivided into two broad categories:
air-breathing and non-air-breathing. Air-breathing propulsion systems include
the reciprocating, turbojet, turbofan, ramjet, turboprop, and turboshaft en-
gines. Non-air-breathing engines include rocket motors, nuclear propulsion
systems, and electric propulsion systems. We focus on gas turbine propulsion
systems (turbojet, turbofan, turboprop, and turboshaft engines) in this
textbook.
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The material in this textbook is divided into three parts:

» Basic concepts and one-dimensional gas dynamics
Analysis and performance of air-breathing propulsion systems
Analysis of gas turbine engine components

o

a

This chapter introduces the types of air-breathing and rocket propulsion
systems and the basic propulsion performance parameters. Alsc inciuded is an
introduction to aircraft and rocket performance. The material on aircraft
performance shows the influence of the gas turbine engine performance on the
performance of the aircraft system. This material also permits incorporation of
a gas turbine engine design problem such as new engines for an existing
aircraft.

Numerous examples are included throughout this book to help students
see the application of a concept after it is introduced. For some students, the
material on basic concepts and gas dynamics will be a review of material
covered in other courses they have already taken. For other students, this may
be their first exposure to this material, and it may require more effort to
understand.

1-2 UNITS AND DIMENSIONS

Since the engineering world uses both the metric SI and English unit system,
both will be used in this textbook. One singular distinction exists between the
English system and SI—the unit of force is defined in the former but derived in
the latter. Newton’s second law of motion relates force to mass, length, and
time. It states that the sum of the forces is proportional to the rate of change of
the momentum (M = mV). The constant of proportionality is 1/g..

SF=- e (-

The units for each term in the above equation are listed in Table 1-1 for both
SI and English units. In any unit system, only four of the five items in the table
can be specified, and the latter is derived from Eq. (1-1).

As a result of selecting g. =1 and defining the units of mass, length,
and time in SI units, the unit of force is derived from Eq. (1-1) as

TABLE 1-1
Units and dimensions

Unit system Force g Mass Length Time

SI Derived 1 Kilogram (kg) Meter (m) Second (sec)
English Pound-force (Ibf) Derived Pound-mass (lbm) Foot (ft) Second (sec)
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kilogram-meters per square second (kg - m/sec?), which is called the newton
(N). In English units, the value of g, is derived from Eq. (1-1) as

g. =32.174 ft - 1bm/(Ibf - sec?)

Rather than adopt the convention used in many recent textbooks of developing
material or use with only SI metric units (g. = 1), we will maintain g, in all our
equations. Thus g, will also show up in the equations for potential energy (PE)
and kinetic energy (KE):

PE = 82
8c
VZ
KE =2
28,

The total energy per unit mass e is the sum of the specific internal energy
u, specific kinetic energy ke, and specific potential energy pe.
2
e=u+ke+pe=u +—+8
gC gC
There are a 1}1ultitude of engineering units for the quantities of interest in
propulsion. For example, energy can be expressed in the SI unit of joule
(1J=1N"-m), in British thermal units (Btu’s), or in foot-pound force (ft - 1bf).
One must be able to use the available data in the units provided and convert
the units when required. Table 1-2 is a unit conversion table provided to help
you in your endeavors.

TABLE 1-2
Unit conversion table

Length 1m =3.2808 ft = 39.37 in
1 km =0.621 mi
1 mi = 5280 ft = 1.609 km
1 nm = 6080 ft = 1.853 km

Area 1 m? = 10.764 ft*
1 cm? = 0.155 in?

Volume 1gal =0.13368 ft> =3.785 L
1L=10">m>?=61.02in’

Time 1 hr = 3600 sec = 60 min

Mass 1kg = 1000 g = 2.2046 Ibm = 6.8521 X 10”2 slug
1slug = 11bf - sec?/ft = 32.174 Ibm

Density 1slug/ft® = 512.38 kg/m>

Force 1N =1kg - m/sec?
1ibf =4.448 N

Energy 1J=1N-m=1kg - m?/sec’
1Btu=778.16ft - Ibf =252 cal =1055J
lcal=4.186]J

1kJ =0.947813 Btu = 0.23884 kcal
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Power 1W =11J/sec =1kg - m*/sec’
1 hp = 550 ft - Ibf/sec = 2545 Btu/hr = 745.7 W
1kW =3412 Btu/hr =1.341 hp

Pressure (stress) 1 atm = 14.696 Ib/in” or psi = 760 torr = 101,325 Pa
1 atm = 30.0 inHg = 407.2 inH,O
1 ksi = 1000 psi
1 mmHtg = 0.01934 psi = 1 torr

1Pa=1N/m’

1inHg = 3376.8 Pa
Energy per unit mass 1kJ/kg = 0.4299 Btu/lbm
Specific heat 1kI/(kg - °C) = 0.23884 Btu/(lbm - °F)
Temperature 1K=18R

K=27315+°C

°R =459.69 + °F
Temperature change : 1°C=1.8F
Specific thrust 11bf/(Ibm/sec) = 9.8067 N/(kg/sec)
Specific power _ 1 hp/(Ibm/sec) = 1.644 kW /(kg/sec)
Thrust specific fuel consumption (TSFC)  11bm/(Ibf - hr) = 28.325 mg/(N - sec)
Power specific fuel consumption 1Ibm/(hp - hr) = 168.97 mg/(kW - sec)
Strength/weight ratio (o/p) 1ksi/(slug/ft®) = 144 ft*/sec® = 13.38 m?/sec?

1-3 OPERATIONAL ENVELOPES
AND STANDARD ATMOSPHERE

Each engine type will operate only within a certain range of altitudes and
Mach numbers (velocities). Similar limitations in velocity and altitude exist for
- airframes. It is necessary, therefore, to match airframe and propulsion system
capabilities. Figure- 1-1- shows the approximate velocity and altitude limits, or
corridor of flight, within which airlift vehicles can operate. The corridor is
bounded by a lift limit, a temperature limit, and an aerodynamic force limit. The
lift limit is determined by the maximum level-flight altitude at a given velocity.
The temperature limit is set by the Structural thermal limits of the material
used in construction of the aircraft. At any given altitude, the maximum
. velocity attained is temperature-limited by aerodynamic heating effects. At
lower altitudes, velocity is limited by aerodynamic force loads rather than by '
temperature.

The operating regions of all aircraft lie within the flight corridor. The
operating region of a particular aircraft within the corridor is determined by
aircraft design, but it is a very small portion of the overall corridor.
Superimposed on the flight corridor in Fig. 1-1 are the operational envelopes
of various powered aircraft. The operational limits of each propulsion system
are determined by limitations of the components of the propulsion system and
are shown in Fig. 1-2.

The analyses presented in this text use the properties of the atmosphere
to determine both engine and airframe performance. Since these properties
vary with location, season, time of day, etc., we will use the U.S. standard
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FIGURE 1-1

Flight limits.

atmosphere (Ref. 2) to give a known foundation for our analyses. Appendix A
gives the properties of the U.S. standard atmosphere, 1976, in both English
and SI units. Values of the pressure P, temperature 7, density p, and speed of
sound a are given in dimemnsionless ratios of the property at altitude to its
value at sea level (SL), (the reference value). The dimensionless ratios of
pressure, temperature, and density are given the symbols §, 6, and o,

ﬂ\ . Ar
] Piston engine and propeller s Piston engine and propeller
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Turbojet E Turbojet é
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Flight Mach number Altitude (1000 ft)
FIGURE 1-2

Engine operational limits. ,
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respectively. These ratios are defined as follows:

p
S =— 1-2
Pref ( )
T
o=—— 1-3
T;ef ( )
o=-- (1-4)
Pref

The reference values of pressure, temperature, and density are given for each
unit system at the end of its property table.

For nonstandard conditions such as a hot day, the normal procedure is to
use the standard pressure and correct the density, using the perfect gas
relationship o = 6/6. As an example, we consider a 100°F day at 4-kft altitude.

“From App. A, we have 6 = 0.8637 for the 4-kft altitude. We calculate 6, using
the 100°F temperature; 6 =T/T. = (100 +459.7)/518.7=1.079. Note that
absolute temperatures must be used in calculating 6. Then the density ratio is
calculated using o = §/6 = 0.8637/1.079 = (.8005.

1-4 AIR-BREATHING ENGINES

The turbojet, turbofan, turboprop, turboshaft, and ramjet engine systems are
discussed in this part of Chap. 1. The discussion of these engines is in the
context of providing thrust for aircraft. The listed engines are not all the
engine types (reciprocating, rockets, combination types, etc.) that are used in
providing propulsive thrust to aircraft, nor are they used exclusively on
aircraft. The thrust of the turbojet and ramjet results from the action of a fluid
jet leaving the engine; hence, the name jet enginé is often applied to these
engines. The turbofan, turboprop, and turboshaft engines are adaptations of
the turbojet to supply thrust or power through the use of fans, propellers, and
shafts.

Gas Generator

The “heart” of a gas turbine type of engine is the gas generator. A schematic
diagram of a gas generator is shown in Fig. 1-3. The compressor, combustor,
and turbine are the major components of the gas generator which is common
to the turbojet, turbofan, turboprop, and turboshaft engines. The purpose of a
gas generator is to supply high-temperature and high-pressure gas.
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’4——-—— Gas generator ———»'

—> |l
oy -l

T
u
r
b
Compressor Combustor rll
. e FIGURE 1-3
2 3 4 5 Schematic diagram of gas generator.

The Turbojet

By adding an inlet and a nozzle to the gas generator, a turbojet engine can be
constructed. A schematic diagram of a simple turbojet is shown in Fig. 1-4a,
and a turbojet with afterburner is shown in Fig. 1-4b. In the analysis of a
turbojet engine, the major components are treated as sections. Also shown in
Figs. 1-4a and 1-4b are the station numbers for each section.

Gas generator

Inlet Low-pressure High- Combustor {H| L Nozzle
compressor pressure P| P
corpressor T| T
0 2 2.5 3 4 45 5 8

HPT = High-pressure turbine
LPT = Low-pressure turbine

FIGURE 1-4a
Schematic diagram of a turbojet (dual axial compressor and turbine).
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(ias generator ——*] Spray bar “
\ Flame holder
> 2 Nozzle
< —cam
Inlet Low- High- {Combustor {H| L Afterburner
pressure pressure P| P
compressor | compressor T} T
0 2 2.5 3 4 5 6 7 8 9
4.5
HPT = High-pressure turbine
LPT = Low-pressure turbine
| .
FIGURE 1-4b

Schematic diagram of a turbojet with afterburner.

The turbojet was first used as a means of aircraft propulsion by von
Ohain (first flight August 27, 1939) and Whittle (first flight May 15, 1941). As
development proceeded, the turbojet engine became more efficient ‘and
replaced some of the piston engines. A photograph of the J79 turbojet with
afterburner used in the F-4 Phantom II and B-58 Hustler is shown in Fig. 1-5.

FIGURE 1-5
General Electric J79 turbojet with afterburner. (Courtesy of General Electric Aircraft Engines.)
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The adaptations of the turbojet in the form of turbofan, turboprop, and
turboshaft engines came with the need for more thrust at relatively low speeds.
Some characteristics of different turbojet, turbofan, turboprop, and turboshaft
engines are included in App. B.

The thrust of a turbojet is developed by compressing air in the inlet and
compressor, mixing the air with fuel and burning in the combustor, and
expanding the gas stream through the turbine and nozzle. The expansion of
gas through the turbine supplies the power to turn the compressor. The net
thrust delivered by the engine is the result of converting internal energy to
kinetic energy. '

The pressure, temperature, and velocity variations through a J79 engine
are shown in Fig. 1-6. In the compressor section, the pressure and temperature
increase as a result of work being done on the air. The temperature of the gas
is further increased by burning in the combustor. In the turbine section, energy
is being removed from the gas stream and converted to shaft power to turn the
compressor. The energy is removed by an expansion process which results in a
decrease of temperature and pressure. In the nozzle, the gas stream is further
expanded to produce a high exit kinetic energy. All the sections of the engine
must operate in such a way as to efficiently produce the greatest amount of
thrust for a minimum of weight.

200 2400 2000
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175} 2100} 1600} /\ ™

& _ _ Afterburning

5 operation
1501 1800t 1200 < — Military

. operation

/ AB
125} 1500} 1000} /7 N (no AB)
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100} 1200} 800 *
/ L [N S —

75 900} 600 Velocity / ! \

. 1/

50 600f 400 &\o“/ *
/ <& e .
-
25F 300F 200t x - b —————
L “\\
ot oL o= -
= w9 Compressor—»L-Combuslorl Turbine ! Exhaust !
‘A ] L]
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e 3 %
5 g & —AIr —= Exhaust gases
i & 32
o E g
[

FIGURE 1-6
Property variation through the General Electric J79 afterburning turbojet engine.
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The Turbofan

The turbofan engine consists of an inlet, fan, gas generator, and nozzle. A
schematic diagram of a turbofan is shown in Fig. 1-7. In the turbofan, a portion
of the turbine work is used to supply power to the fan. Generally the turbofan
engine is more economical and efficient than the turbojet engine in a limited
realm of flight. The thrust specific fuel consumption (TSFC, or fuel mass flow
rate per unit thrust) is lower for turbofans and indicates 2 more economical
operation. The turbofan also accelerates a larger mass of air to a lower velocity
than a turbojet for a higher propulsive efficiency. The frontal area of a
turbofan is quite large compared to that of a turbojet, and for this reason more
drag and more weight result. The fan diameter is also limited aerodynamically
when compressibility - effects occur. Several of the current high-bypass-ratio
turbofan engines used in subsonic aircraft are shown in Figs. 1-8a through 1-8f.

Figures 1-9a and 1-9b show the Pratt & Whitney F100 turbofan and the
General Electric F110 turbofan, respectively. These afterburning turbofan
engines are used in the F15 Eagle and F16 Falcon supersonic fighter aircraft. In
this turbofan, the bypass stream is mixed with the core stream before passing
through a common afterburner and exhaust nozzle.

The Turboprop and Turboshaft

A gas generator that drives a propeller is a turboprop engine. The expansion of
gas through the turbine supplies the energy required to turn the propeller. A

Bypass
nozzle

Low-pressure
compressor

]

Nozzle

>______
—

High- H|{ L

Inlet = pressure Combustor | P P
] compressor T| T
0 2 2.5 3 445 578

HPT = High-pressure turbine
LPT = Low-pressure turbine

FIGURE 1-7
Schematic diagram of a high-bypass-ratio turbofan.



FIGURE 1-8a
Pratt & Whitney JT9D turbofan. (Courtesy of Pratt & Whitney.)
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FIGURE 1-8b
Pratt & Whitney' PW4000 turbofan. (Courtesy of Pratt & Whitney.)
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FIGURE 1-8¢
General Electric CF6 turbofan. (Courtesy of General Electric Aircraft Engines.)

FIGURE 1-8d
Rolls-Royce RB-211-524G/H turbofan. (Courtesy of Rolls-Royce.)
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FIGURE 1-8¢
General Electric GE90 turbofan. (Courtesy of General Electric Aircraft Engines.)

FIGURE 1-8f
SNECMA CFMS56 turbofan. (Courtesy of SNECMA.)
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FIGURE 1-9a .
Pratt & Whitney F100-PW-229 afterburning turbofan. (Courtesy of Pratt & Whitney.)

schematic diagram of the turboprop is shown in Fig. 1-10a. The turboshaft
engine is similar to the turboprop except that power is supplied to a shaft-
rather than a propeller. The turboshaft engine is used quite extensively for
supplying power for helicopters. The turboprop engine may find application in
VTOL (vertical takeoff and landing) transporters. The limitations and advan-
tages of the turboprop are those of the propeller. For low-speed flight and
short-field takeoff, the propeller has a performance advantage. At speeds
approaching the speed of sound, compressibility effects set in and the propeller
loses its aerodynamic efficiency. Due to the rotation of the propeller, the
propeller tip will approach the speed of sound before the vehicle approaches *

FIGURE 1-95
General Electric F110-GE-129 afterburning turbofan. (Courtesy of General Electric Aircraft’
Engines.) . .
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Propeller"‘-‘ Gas geherator ——v[

FIGURE 1-10a
Schematic diagram of a turboprop.

FIGURE 1-165
Allison T56 turboshaft. (Courtesy of Allison (7as Turbine Division.)

Three-stage
axial flow
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Combustion H
turbine compressor

chamber

FIGURE 1-10¢
Canadian Pratt & Whitney PT6 turboshaft. (Courtesy of Pratt & Whitney of Canada.)
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the speed of sound. This compressibility effect when one approaches the speed
of sound limits the design of helicopter rotors and propellers. At high subsonic
speeds, the turbofan engine will have a better aerodynamic performance than
the turboprop since the turbofan is essentially a ducted turboprop. Putting a
duct or shroud around a propeller increases its aercdynamic performance.
Examples of a turboshaft engine are the Canadian Pratt & Whitney PT6 (Fig.
1-10c), used in many small commuter aircraft, and the Allison T56 (Fig.
1-10b), used to power the C-130 Hercules and the P-3 Orion.

The Ramjet

The ramjet engine consists of an inlet, a combustion zone, and a nozzle. A
schematic diagram of a ramjet is shown in Fig. 1-11. The ramjet does not have
the compressor and turbine as the turbojet does. Air enters the inlet where it is
compressed and then enters the combustion zone where it is mixed with the
fuel and burned. The hot gases are then expelled through the nozzle,
developing thrust. The operation of the ramjet depends upon the inlet to
decelerate the incoming air to raise the pressure in the combustion zone. The
pressure rise makes it possible for the ramjet to operate. The higher the
velocity of the incoming air, the greater the pressure rise. It is for this reason
that the ramjet operates best at high supersonic velocities. At subsonic
velocities, the ramjet is inefficient, and to start the ramjet, air at a relatively
higher velocity must enter the inlet.

The combustion process in an ordinary ramjet takes place at low subsonic
velocities. At high supersonic flight velocities, a very large pressure rise is
developed that is more than sufficient to support operation of the ramjet. Also,
if the inlet has to decelerate a supersonic high-velocity airstream to a subsonic
velocity, large pressure losses can result. The deceleration process also
produces a temperature rise, and at some limiting flight speed, the temperature
will approach the limit set by the wall materials and cooling methods. Thus
when the temperature increase due to deceleration reaches the limit, it may
not be possible to burn fuel in the airstream.

In the past few years, research and development have been done on a
ramjet that has the combustion process taking place at supersonic velocities.

Fuel spray ring Flame holder

1

Inlet ! Combustion zone —»L— Nozzle ——l

FIGURE 1-11
Schematic diagram of a ramjet.
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By using a supersonic combustion process, the temperature rise and pressure
loss due to deceleration in the inlet can be reduced. This ramjet with
supersonic combustion is known as the scramjet (supersonic combustion
ramjet). Figure 1-12a shows the schematic of a scramjet engine similar to that
proposed for the National AeroSpace Plane (NASP) research vehicle, the X-30
shown in Fig. 1-12b. Further development of the scramjet for other applica-
tions (e.g., the Orient Express) will continue if research and development
produces a scramjet engine with sufficient performance gains. Remember that
since it takes a relative velocity to start the ramjet or scramjet, another engine
system is required to accelerate aircraft like the X-30 to ramjet velocities.

Turbojet/Ramjet Combined-Cycle Engine

Two of the Pratt & Whitney J58 turbojet engines (see Fig. 1-13a) are used to
power the Lockheed SR71 Blackbird (see Fig. 1-13b). This was the fastest
aircraft (Mach 3+) when it was retired in 1989. The J58 operates as an
afterburning turbojet engine until it reaches high Mach level, at which point
the six large tubes (Fig. 1-13a) bypass flow to the afterburner. When these
tubes are in use, the compressor, burner, and turbine of the turbojet are
essentially bypassed and the engine operates as a ramjet with the afterburner
acting as the ramjet’s burner.

Aircraft Engine Performance Parameters

This section presents several of the air-breathing engine performance para-
meters that are useful in aircraft propulsion. The first performance parameter
is the thrust of the engine which is available for sustained flight (thrust = drag),
accelerated flight (thrust > drag), or deceleration (thrust < drag).

. Fuselage forebody Inlet compression Fuselage
s chamber afterbody

" Supersonic
combustion
chamber

. i, Jet exhaust
Fuel-injection struts

FIGURE 1-12¢
Schematic diagram of a scramjet.
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FIGURE 1-12b
Conceptual drawing of the X-30. (Courtesy of Pratt & Whitney.)

FIGURE 1-13a
Pratt & Whitney J58 turbojet. (Courtesv of Pratt & Whitney.)
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FIGURE 1-13b
Lockheed SR71 Blackbird. (Courtesy of Lockheed.)

As derived in Chap. 4, the uninstalled thrust F of a jet engine (single inlet
and single exhaust) is given by

8c

F + (Pe - PO)Ae (1'5)

where 4, M, = mass flow rates of air and fuel, respectively
Vi, V. = velocities at inlet and exit, respectively
P, P, = pressures at inlet and exit, respectively

It is most desirable to expand the exhaust gas to the ambient pressure, which
gives P, = P,. In this case, the uninstalled thrust equation becomes

_ hg+ )V, — gV
8e

F for P, = P, (1-6)
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The installed thrust 7 is equal to the uninstalled thrust F minus the inlet
drag D, and minus the nozzle drag D,,, or

T=F- Dinlet - Dnoz (1'7)

Dividing the inlet drag D;,., and nozzle drag D, by the uninstalled thrust ¥
yields the dimensionless inlet loss coefficient ¢;,., and nozzle loss coefficient

¢HOZ’ or

Din €
¢inlet = Fl -
Dy, (1-8)
¢noz - F

Thus the relationship between the installed thrust 7' and uninstalled thrust F is
simply

T= F(]- - ¢inlet - d’noz) (1-9)

The second performance parameter is the thrust specific fuel consump-
tion (S and TSFC). This is the rate of fuel use by the propulsion system per
unit of thrust produced. The uninstalled fuel consumption S and installed fuel
consumption TSFC are written in equation form as

§= ’%f (1-10)
TSFC = m»ff (1-11)

where F = uninstalled thrust
S = uninstalled thrust specific fuel consumption
T = installed engine thrust
TSFC = installed thrust specific fuel consumption
i, = mass flow rate of fuel

The relation between S and TSFC in equation form is given by

S=TSFC(L= =) | (112)
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Values of thrust 7 and fuel consumption 5 for various jet engines at
sea-level static conditions are listed in App. B. The predicted variations of
uninstalled engine thrust F and uninstalled thrust specific fuel consumption §
with Mach number and altitude for an advanced fighter engine (from Ref. 3)
are plotted in Figs. 1-14a through 1-14d. Note that the thrust F decreases with
altitude and the fuel consumption S also decreases with altitude until 36 kft
(the start of the isothermal layer of the atmosphere). Also note that the fuel
consumption increases with Mach number and that the thrust varies con-
siderably with the Mach number. The predicted partial-throttle performance of
the advanced fighter engine is shown at three flight conditions in Fig. 1-14e.

The takeoff thrust of the JT9D high-bypass-ratio turbofan engine is given
in Fig. 1-15a versus Mach number and ambient air temperature for two
versions. Note the rapid falloff of thrust with rising Mach number that is
characteristic of this engine cycle and the constant thrust at a Mach number for
temperatures of 86°F and below (this is often referred to as a flat rating). The
partial-throttle performance of both engine versions is given in Fig. 1-15b for
two combinations of altitude and Mach number. ,

Although the aircraft gas turbine engine is a very complex machine, the
basic tools for modeling its performance are developed in the following
chapters. These tools are based on the work of Gordon Qates (Ref. 4). They
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FIGURE 1-14a

Uninstalled thrust F of an advanced afterburning fighter engine at maximum power setting,
afterburner on. (Extracted from Ref. 3.)
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Uninstalled fuel consumption S of an advanced afterburning fighter engine at maximum power
.setting, afterburner on. (Extracted from Ref. 3.)
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FIGURE 1-14c

Uninstalled thrust F of an advanced afterburning fighter engine at military power setting,

afterburner off. (Extracted from Ref. 3.)
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Uninstalled fuel consumption S of an advanced afterburning fighter engine at military power
setting, afterbumner off. (Extracted from Ref. 3.)
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FIGURE 1-15a
JT9D-70/-70A turbofan takeoff thrust. (Courtesy of Pratt & Whitney.)

permit performance calculations for existing and proposed engines and
generate performance curves similar to Figs. 1-14a through 1-14e and Figs.
1-15a and 1-15b.

The value of the installation loss coefficient depends on the
characteristics of the particular engine/airframe combination, the Mach
number, and the engine throttle setting. Typical values are given in Table 1-3
for guidance.
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FIGURE 1-15b
JT9D-70/-70A turbofan cruise specific fuel consumption. (Courtesy of Pratt & Whitney.)
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TABLE 13 .
Typical aircraft engine thrust instaliation losses

Flight condition: M<1 M>1
Aircraft type ¢inle( ¢noz ‘binlet ¢noz
Fighter 0.05 0.01 0.05 0.03
Passenger/cargo 0.02 0.01 —_ —
Bomber 0.03 0.01 0.04 0.02

!

The thermal efficiency 77 of an engine is another very useful engine
performance parameter. Thermal efficiency is defined as the net rate of
organized energy (shaft power or kinetic eriergy) out of the engine divided by
the rate of thermal energy available from the fuel in the engine. The fuel’s
available thermal energy is equal to the mass flow rate of the fuel #, times the
fuel heating value hpg. Thermal efficiency can be written in equation form as

Wour

Qin (1-13)

Nnr =

where 77 = thermal efficiency of engine
Wou = Det power out of engine
Q;, = rate of thermal energy released (rsh1pr)

Note: For engines with shaft power output, W, is equal to this shaft power.
For engines with no shaft power output (e.g., turbojet engine), W, is equal to
the next rate of change of the kinetic energy of the fluid through the engine.
The power out of a jet engine with a single inlet and single exhaust (e.g.,
turbojet engine) is given by

. 1
Wou = ég (g + i)V — gV
Tne propulsive efficiency 7p of a propulsion system is a measure of how
effectively the engine power W, is used to power the aircraft. Propulsive
efficiency is the ratio of the aircraft power (thrust times velocity) to the power
out of the engine W, In equation form, this is written as

Ve

- 1-14)
Wou (1-19)

np =

where 1, = propulsive efficiency of engine
T = thrust of propulsion system
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V, = velocity of aircraft
W, = net power out of engine

For a jet engine with a single inlet and single exhaust and an exit pressure
equal to the ambient pressure, the propulsive efficiency is given by
- 2(1 B ¢inlet - ¢noz)[(m0 + mf)‘/e B mo%]%
T’P (17'10 + mf)Vg - mOV%

(1-15)

For the case when the mass flow rate of the fuel is much less than that of air
and the installation losses are very small, Eq. (1-15) simplifies to the following
equation for the propulsive efficiency:

2

= 1-1
VelVo+1 (1-16)

ne

Equation (1-16) is plotted versus the velocity ratio V,/V, in Fig. 1-16 and shows
that high propulsive efficiency requires the exit velocity to be approximately
equal to the inlet velocity. Turbojet engines have high values of the velocity
ratio V,/V, with corresponding low propulsive efficiency, whereas turbofan
engines have low values of the velocity ratio V,/V; with corresponding high
propulsive efficiency.

Propulsive efficiency 7p (%)

30 | | | 1 | ]
1.0 1.5 2.0 2.5 3.0 3.5 4.0

V.V

FIGURE 1-16
Propulsive efficiency versus velocity ratio (V,/V).
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The thermal and propulsive efficiencies can be combined to give the

overall efficiency no of a propulsion system. Multiplying propulsive efficiency
by thermal efficiency, we get the ratio of the aircraft power to the rate of
thermal energy released in the engine (the overall efficiency of the propulsion

system): i
Mo = MpNr (1-17)
TV,
mo=1g" (1-18)

v

Several of the above performance parameters are plotted for general

types of gas turbine engines in Figs. 1-17a, 1-17b, and 1-17¢. These plots can
be used to obtain the general trends of these performance parameters with
flight velocity for each propulsion system.

Thrust /airflow [Ibf/(lbm/sec)}
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T, n!tm"
B

e e >
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S E
J mw

Conventional prop

L 1 4 1 1 !
0 0.5 1.0 1.5 2.0 2.5

Aircraft Mach number

FIGURE 1-17a
Specific thrust characteristics of typical aircraft engines. (Courtesy of Pratt & Whitney.)
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Since O, = mhpr, Eq. (1-18) can be rewritten as

Vo
thpg

No =

With the help of Eq. (1-11), the above equation can be written in terms of the

thrust specific fuel consumption as

TSFC ° hPR

Using Egs. (1-17) and (1-19), we can write the following for TSFC:

No

TSFC = —0
NeNrhpr

(1-19)

(1-20)

Example 1-1. An advanced fighter engine operating at Mach 0.8 and 10-km
altitude has the following uninstalled performance data and uses a fuel with

hpgr = 42,800 kJ/kg:

F=50kN  rm,=45kg/sec and  m; =2.65kg/sec

Determine the specific thrust, thrust specific fuel consumption, exit velocity,
thermal efficiency, propulsive efficiency, and overall efficiency (assume exit

pressure equal to ambient pressure).

Solution.
F S0kN
—=———=1.1111kN/(k =1111.1
my  45kg/sec ! [(kefsec) misec
iy 2.65 kg/sec

S=F = 50kN

=0.053(kg/sec)/kN = 53 mg/(N - sec)

M,
Vo= Mya, = M(,(—E)am =0.8(0.8802)340.3 = 239.6 m/sec
a

ref
From Eq. (1-6) we have

_ Fg.+ oV, 50,000 X 1+ 45 X 239.6
ety 45 +2.65

e

W (g + ri)VE—moV3
Nr= 477 .
’ Oin chmfhPR

J ot )VE =gV
out 2gc

47.65 X 1275.6" — 45 X 239,67
_4165x%1 5221 SX206 475 x10°W

=1275.6 m/sec



INTRODUCTION 31

Qi = ritphpg = 2.65 X 42,800 = 113.42 X 10° W
W 37.475%10°
O, 113.42 % 10°
FV, 50,000 X 239.6
W... 37.475%10°
FV, 50,000 X 239.6
O  11342x10°

- =33.04%

=31.97%

Np =

=10.56%

No

Specific Thrust Versus Fuel Consumption

For a jet engine with a single inlet and single exhaust and exit pressure equal to
ambient pressure, when the mass flow rate of the fuel is much less than that of
air and the installation losses are very small, the specific thrust F/rm, can be
written as

F V,-V
—=—— (1-21)
mg . gc
Then the propulsive efficiency of Eq. (1-16) can be rewritten as
S R (1-22)
T Fgo/(igVe) +2

Substituting Eq. (1-22) into Eq. (1-20) and noting that TSFC =S, we obtain
the following very enlightening expression:

_ Fg.[my+2V,

S
2n7her

(1-23)

Aircraft manufacturers desire engines having low thrust specific fuel
consumption S and high specific thrust F/m, Low engine fuel consumption
can be directly translated into longer range, increased payload, and/or
reduced aircraft size. High specific thrust reduces the cross-sectional area of
the engine and has a direct influence on engine weight and installation losses.
This desired trend is plotted in Fig. 1-18. Equation (1-23) is also plotted in Fig.
1-18 and shows that fuel consumption and specific thrust are directly
proportional. Thus the aircraft manufacturers have to make a tradeoff. The
line of Eq. (1-23) shifts in the desired direction when there is an increase in the
level of technology (increased thermal efficiency) or an increase in the fuel
heating value.

Another very useful measure of merit for the aircraft gas turbine engine
is the thrust/weight ratio F/W. For a given engine thrust F, increasing the
thrust/weight ratio reduces the weight of the engine. Aircraft manufacturers
can use this reduction in engine weight to increase the capabilites of an aricraft
(increased payload, increased fuel, or both) or decrease the size (weight) and
cost of a new aircraft under development.
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Eq. (1-23)
2 Increased technology
[=]
a
E
=2
g
3
C
& Desired trend
Specific thrust F/ry,
FIGURE 1-18

Relationship between specific thrust and fuel consumption.

FIW=2 3 4 5

FIGURE 1-19
Engine thrust/weight ratio F/W.
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Engine companies expend considerable research and development effort
on increasing the thrust/weight ratio of aircraft gas turbine engines. This ratio
is equal to the specific thrust F/m, divided by the engine weight per unit of
mass flow W/rm,. For a given engine type, the engine weight per unit mass
flow is related to the efficiency of the engine structure, and the specific thrust is
related to the engine thermodynamics. The weights per unit mass flow of some
existing gas turbine engines are plotted versus specific thrust in Fig. 1-19. Also
plotted are lines of constant engine thrust/weight ratio F/W. _

Currently, the engine companies, in conjunction with the Department of
Defense and NASA, are involved in a large research and development effort to
increase the engine thrust/weight ratio F/W and decrease the fuel consump-
tion while maintaining engine durability, maintainability, etc. This program is
called the integrated high-performance turbine engine technology (IHPTET)
initiative (see Refs. 5 and 6).

1-5 AIRCRAFT PERFORMANCE

This section on aircraft performance is included so that the reader may get a
better understanding of the propulsion requirements of the aircraft (Ref. 7).
The coverage is limited to a few significant concepts that directly relate to
aircraft engines. It is not intended as a substitute for the many excellent
references on this subject (see Refs. 8 through 11).

Performance Equation

Relationships for the performance of an aircraft can be obtained from energy
considerations (see Ref. 12). By treating the aircraft (Fig. 1-20) as a moving
mass and assuming that the installed propulsive thrust 7, aerodynamic drag D,
and other resistive forces R act in the same direction as the velocity V, it
follows that

dh Wd (V?
[T - (D +R)V Wdt+gdt<2> (124)
rate of storage storage
mechanical rate of rate of
energy potential  kinetic
input energy energy

Note that the total resistive force D + R is the sum of the drag of the clean
aircraft D and any additional drags R associated with such proturberances as
landing gear, external stores, or drag chutes.

By defining the energy height z, as the sum of the potential and kinetic
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Aircraft
velocity
V ~——

FIGURE 1-20
Forces on aircraft.

energy terms

VZ
" ze=h+— 1-25
Ze % (1-25)
Eq. (1-24) can now be written simply as
dz,
[T-(D+R)V= W_dt (1-26)

By defining the weight specific excess power P, as

dz,
P=— 1-27
= (1-27)
Eq. (1-26) can now be written in its dimensionless form as
-(D+ P, V2
M=J=li(h+_) (1-28)
w V. Var\ 2g

2his is a very powerful equation which gives insight into the dynamics of flight,
including both the rate of climb dh/dt and acceleration dV /dt.

Lift and Drag

We use the classical aircraft lift- relationship

L=nW =C,gS, (1-29)

where n is the load factor or number of g’s perpendicular to V (n=1 for
straight and level flight), C, is the-coefficient of lift, S, is thewing planform
area, and q is the dynamic pressure. The dynamic pressure can be expressed in
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terms of the density p and velocity V or the pressure P and Mach number M as

1 v? 1 vz
q ”zp 8. _20'Pref g (1-300)

l

or g= %PMZ = % P, M2 (1-30b)
where 8 and o are the dimensionless pressure and denssgy ratios defined by
Egs. (1-2) and (1-4), respectively, and v is the ratio of specific heats (y =1.4
for air). The reference density p.; and reference pressure P.; of air are their
sea-level values on a standard day and are listed in App. A.

We also use the classical aircraft drag relationship

D= CDqu (1'31)

Figure 1-21 is a plot of lift coefficient C; versus drag coefficient Cp,, commonly
called the lift-drag polar, for a typical subsonic passenger aircraft. The drag
coefficient curve can be approximated by a second-order equation in C,
written as

CD = KIC%‘ + KZCL + CDO (1'32)

08|
0.6 p—
CL I

0.4 |-

02}

0.0 i l | 1 I L. J
0.01 0.02 0.03 0.04 0.05 0.06 0.07- 0.08

Cp

FIGURE 1-21
Typical lift-drag polar.
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where the coefficients K, K5, and Cp are typically functions of flight Mach
number and wing configuration (flap position, etc.).

The Cp, term in Eq. (1-32) is the zero lift drag coefficient which accounts
for both frictional and pressure drag in subsonic flight and wave drag in
supersonic flight. The K, and K, terms account for the drag due to lift.
Normally K, is very small and approximately equal to zero for most fighter
aircraft.

Example 1-2. For all the examples given in this section on aircraft performance,
two types of aircraft will be considered.

a. An advanced fighter aircraft is approximately modeled after the YF22
Advanced Tactical Fighter shown in Fig. 1-22. For convenience, we will
designate our hypothetical fighter aircraft as the HF-1, having the following
characteristics:

Maximum gross takeoff weight Wi = 40,000 Ibf (177,920 N)

Empty weight = 24,000 1bf (106,752 N)

Maximum fuel plus payload weight = 16,000 1bf (71,168 N)
Permanent payload = 1600 Ibf (7117 N, crew plus return armament)
Expended payload = 2000 Ibf (8896 N, missiles plus ammunition)
Maximum fuel capacity = 12,400 Ibf (55,155 N)

Wing area §,, =720 ft* (66.9 m?)

FIGURE 1-22
YF22, Advanced Tactical Fighter. (Photo courtesy of Boeing Defense & Space Group, Military
Airplanes Division.)
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TABLE 1-4

Drag coefficients for hypothetical fighter aircraft
(HF-1)

M, - K,y K, Cpo

0.0 0.20 0.0 0.0120
0.8 0.20 0.0 0.0120
12 0.20 0.0 0.02267
1.4 0.25 0.0 0.0280
2.0 0.40 0.0 0.0270

Engine: low-bypass-ratio, mixed-flow turbofan with afterburner
Maximum lift coefficient C, .., = 1.8
Drag coefficients given in Table 1-4

b. An advanced 253-passenger commercial aircraft approximately modeled after
the Boeing 767 is shown in Fig. 1-23. For convenience, we will designate our
hypothetical passenger aircraft as the HP-1, having the following
characteristics: :

Maximum gross takeoff weight Wy, = 1,645,760 N (370,000 1bf)
Empty weight = 822,880 N (185,500 Ibf)

FIGURE 1-23
Boeing 767. (Photo courtesy of Boeing.)
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TABLE 1-5

Drag coefficients for hypothetical passenger aircraft.
(HP-1)

M, K, K; Cpo

0.00 0.056 -0.004 0.0140

0.40 0.056 ~0.004 0.0140

0.75 0.056 ~0.008 0.0140

0.83 0.056 —0.008 0.0150

Maximum landing weight = 1,356,640 N (305,000 Ibf)

Maximum payload = 420,780 N (94,600 Ibf, 253 passengers plus 196,000 N of
cargo) '

Maximum fuel capacity = 716,706 N (161,130 Ibf)

Wing area S, =282.5 m” (3040 )

Engine: high-bypass-ratio turbofan

Maximum lift coefficient C; .., = 2.0

Drag coefficients given in Table 1-5

0.030 : 0.40
0.025 |~ 4035
0.020 }~ —0.30

Cpo K
0.015 —0.25
0.010 0.20
0.005 ™~ —10.15
0.000 1 1 L 1 0.10

0.0 0.4 0.8 1.2 1.6 2.0
Mach number
FIGURE 1-24

Values of K; and Cp, for HF-1 aircraft.
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p

FIGURE 1-25
Lift-drag polar for HF-1 aircraft.

Example 1-3. Determine the drag polar and drag variation for the HF-1 aircraft
at 90 percent of maximum gross takeoff weight and the HP-1 aircraft at 95
percent of maximum gross takeoff weight.

a. The variation in Cp, and K; with Mach number for the HF-1 are plotted in
Fig. 1-24 from the data of Table 1-4. Figure 1-25 shows the drag polar at
different Mach numbers for the HF-1 aircraft. Using these drag data and the
above equations gives the variation in aircraft drag with subsonic Mach
number and altitude for level flight (n = 1), as shown in Fig. 1-26a. Note that
the minimum drag is constant for Mach numbers 0 to 0.8 and then increases.
This is the same variation as Cp,. The variation of drag with load factor 7 is
shown in Fig. 1-26b at two altitudes. The drag increases with increasing load
factor, and there is a flight Mach number that gives minimum drag for a given
altitude and load factor. , )

b. The variation in Cp, and K, with Mach number for the HP-1 is plotted in Fig.
1-27 from the data of Table 1-5. Figure 1-28 shows the drag polar at different
Mach numbers for the HP-1 aircraft. Using these drag data and the above
equations gives the variation in aircraft drag with subsonic Mach riumber and
altitude for level flight (n =1), as shown in Fig: 1-29. Note that the minimum
drag is constant for Mach numbers 0 to 0.75 and then increases. This is the
same variation as Cp,.
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Drag for level flight (n = 1) for HF-1 aircraft.
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FIGURE 1-26b
Drag of HF-1 aircraft at sea level and 36 kft for n =1 and n = 5.
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FIGURE 1-29
Drag for level flight (n = 1) for HP-1 aircraft.

Example 1-4. Calculate the drag at Mach 0.8 and 40-kft altitude of the HF-1
aircraft at 90 percent of maximum gross takeoff weight with load factors of 1 and
4.

Solution. We begin by calculating the dynamic pressure gq.

q= ISmeM(Z) =0.7 X 0.1858 X 2116 X 0.8% = 176.1 Ibf/ft’

2
From Fig. 1-24 at M = 0.8, Cp, = 0.012, K, = 0.20, and K, =0.
Case l: n=1
' W 1X0.9X 40,000
c, =" =2 T 0.2839

TgS,  176.1x720
Cp=K;C} + K;,Cp + Cro=0.2(0.2839%) + 0.012 = 0.0281
| D = CpqS,, =0.0281 X 176.1 X 720 = 3563 Ibf
Case 2: n =4
W _4x09x40,000
gS.  1761x720
Cp=K,C2+K,Cy + Cpo =0.2(1.136%) + 0.012 = 0.2701
D = CpqS,, = 0.2701 X 176.1 X 720 = 34,247 1bf

Note that the drag at n =4 is about 10 times that at n = 1.
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Stall, Takeoff, and Landing Speeds

Stall is the flight condition when an aircraft’s wing loses lift. It is an undesirable
condition since vehicle control is lost for a time. During level flight (lift =
weight), stall will occur when one tries to obtain a lift coefficient greater than
the wing’s maximum C, ... The stall speed is defined as the level flight speed
that corresponds to the wing’s maximum lift coefficient, or

_ 28 W

Van = 1-33
stall pCL max Sw ( )

To keep away from stall, aircraft are flown at velocities greater than V.

Takeoff and landing are two flight conditions in which the aircraft
velocity is close to the stall velocity. For safety, the takeoff speed Vo of an
aircraft is typically 20 percent greater than the stall speed, and the landing
speed at touchdown Vi, is 15 percent greater:

Vro =1.20Vay

1-34
Vip = 1-15Vstall ( )

Example 1-5. Determine the takeoff speed of the HP-1 at sea level with
maximum gross takeoff weight and the landing speed with maximum landing
weight.

From App. A we have p = 1.255 kg/m?® for sea level.

From Example 1-2b we have C, ., =2.0, W =1,645,760N, S,, =282.5 m?,

and
2x1 1,645,760
Vaua = \[225 x20 2825 - 0%0m/sec
Thus Vio =120V .y = 82.8 m/sec (=185 mi/hr)

For landing, W = 1,356,640 N.

2x1 1,356,640
Vitan = \/1 = 62.6 m/sec

225x2.0 2825
Thus Vip =115V, = 72.0 m/sec (=161 mi/hr)

Fuel Consumption

The rate of change of the aircraft weight dW/dt is due to the fuel consumed by
the engines. The mass rate of fuel consumed is equal to the product of the
installed thrust 7 and the installed thrust specific fuel consumption. For
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constant acceleration of gravity g,, we can write

aw
L —T(TSFC)(gi’)
dt & g

This equation can be rewritten in dimensionless form as

T 8o
—=—— (TSFC)(—) dt
w w g

(1-35)

ESTIMATE OF TSFC. Equation (1-35) requires estimates of installed engine
thrust T and installed TSFC to calculate the change in aircraft weight. For
many flight conditions, the installed engine thrust T equals the aircraft drag D.
The value of TSFC depends on the engine cycle, altitude, and Mach number.
For preliminary analysis, the following equations (from Ref. 7) can be used to
estimate TSFC in units of (Ibm/hr)/Ibf and 6 is the dimensionless temperature

ratio T/ T,
a. High-bypass-ratio turbofan
TSEC = (0.4 + 0.45M,)V6

b. Low-bypass-ratio, mixed-flow turbofan
Military and lower power settings:

TSFC = (1.0 + 0.35M,)Vo
Maximum power setting:
TSFC = (1.8 + 0.30M,)Ve

¢. Turbojet
Military and lower power settings:

TSFC = (1.3 + 0.35M,)Vé
Maximum power setting:

TSEC = (1.7 + 0.26M,) V6

d. Turboprop

TSFC = (0.2 + 0.9M,) V@

(1-36a)

(1-36b)

(1-36¢)

(1-36d)

(1-36e)

(1-361)

- ENDURANCE. For level unaccelerated flight, thrust equals drag (T = D) and
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lift equals weight (L = W). Thus Eq. (1-35) is simply

aw _ Cp (go>
—=——(TSFC)| = | dt 1-37
W C(TSFO) (1-37)

[

We define the endurance factor EF as

CL 8e
EF=———"—-= 1-38
Co(TSFO) g, (1-38)
Then Eq. (1-37) becomes
dw dt
—=—— 1-39
w EF (1-39)

Note that the minimum fuel consumption for a time ¢ occurs at the flight
condition where the endurance factor is maximum.

For the case when the endurance factor EF is constant or nearly constant,
Eq. (1-39) can be integrated from the initial to final conditions and the
following expression obtained for the aircraft weight fraction:

W, !
Wj:: exp(—}—E—F) (1-40a)
W, C

or Tv_f = exp[—c—f(TSFC)tgﬂ (1-40b)

RANGE. For portions of aircraft flight where distance is important, the
differential time dt is related to the differential distance ds by

ds=Vdt (1-41)

Substituting into Eq. (1-37) gives

dw  CpTSFC
e L (1-42)
W CL |4 Cg
We define the range factor RF as
|4
“a Vg (1-43)
Cp TSFCg,
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Then Eq. (1-42) can be simply written as

dw ds
ar_ 1-44
W  RF ( )

Note that the minimum fuel consumption for a distance s occurs at the flight
condition where the range factor is maximum.

For the flight conditions where the RF is constant or nearly constant, Eq.
(1-42) can be integrated from the initial to final conditions and the following
expression obtained for the aircraft weight fraction:

W .

sz exp(——i%) (1-45a)

‘/Vf ( CD TSFC Xs g())

2 =2 o0 1-45b
o w, P\, v s (1-45b)

This is called the Breguet range equation. For the range factor to remain
constant, C,/Cp, and V/TSFC need to be constant. Above 36-kft altitude, the
ambient temperature is constant and a constant velocity V will correspond to
constant Mach and constant TSFC for a fixed throttle setting. If C; is constant,
C./Cp will remain constant. Since the aircraft weight W decreases during the
flight, the altitude must increase to reduce the density of the ambient air and
produce the required lift (L = W) while maintaining C, and veloc1ty constant.
This flight profile is called a cruise climb.

Example 1-6. Calculate the endurance factor and range factor at Mach 0.8 and
40-kft altitude of hypothetical fighter aircraft HF-1 at 90 percent of maximum
gross takeoff weight and a load factor of 1.

Solution.
= %’ 8P ;M5 =0.7 X0.1858 X 2116 x 0.8* = 176.1 Ibf/ft*

From Fig. 1-24 at M = 0.8, Cp, =0.012, K; =0.20, and K, =0.

C P _1X09x40000 0.0
LTgS,  176.1x720 '

Cr=K, CL + K,C, + Cp, = 0.2(0.2839%) + 0.012 = 0.0281
Using Eq. (1-36b), we have
TSEC = (1.0 + 0.35M,) VO = (1.0 + 0.35 x 0.8)V0.7519 = 1.110(Ibm/hr) /Ibf
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_ G g 02839 32174
Co(TSFC)g, 0.0281 X 1.11032:174

=9.102 hr
G Vo
D.TSFCg,

_0.2839 0.8 < 0.8671 X 1116 ft/sec 360G sec/hr 32.174
0.0281 1.110(1bm/hr)/1bf 6080 ft/nm 32.174

=4170 nm

Example 1-7. Determine the variation in endurance factor and range factor for
the two hypothetical aircraft HF-1 and HP-1.

The endurance factor EF is plotted versus Mach number and altitude in Fig.

a.
1-30 for our hypothetical fighter aircraft HF-1 at 90 percent of maximum gross
takeoff weight. Note that the best endurance Mach number (minimum fuel
consumption) increases with altitude and the best fuel consumption occurs at
altitudes of 30 and 36 kft. The range factor is plotted versus Mach number and
altitude in Fig. 1-31 for the HF-1 at 90 percent of maximum gross takeoff
weight. Note that the best cruise Mach number (minimum fuel consumption)
increases with altitude and the best fuel consumption occurs at an altitude of
36 kft and Mach number of 0.8.

b. The endurance factor is plotted versus Mach number and altitude in Fig. 1-32
for our hypothetical passenger aircraft HP-1 at 95 percent of maximum gross
takeoff weight. Note that the best endurance Mach number (minimum fuel

10
Alt (kft)
w0 20 30 36
9L
8 e
f e 40
33}
6 -
St
10 20 30 36 40
4 t ] ] 1 N
0 03 04 05 06 07 08 09 10
Mach number
FIGURE 1-30

Endurance factor for HF-1 aircraft.
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FIGURL 1-31
Range factor for HF-1 aircraft.
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FIGURE 1-32
Endurance factor for HP-1 aircraft.
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FIGURE 1-33
Range factor for HP-1 aircraft for various altitudes.

consumption) increases with altitude and the best fuel consumption occurs at
sea level. The range factor is plotted versus Mach number and altitude in Fig.
1-33 for the HP-1 at 95 percent of maximum gross takeoff weight. Note that
the best cruise Mach number (minimum fuel consumption) increases with
altitude and the best fuel consumption occurs at an altitude of 11 km and Mach
number of about 0.83.

Since the weight of an aircraft like the HP-1 can vary considerably over
a flight, the variation in range factor with cruise Mach number was determined
for 95 and 70 percent of maximum gross takeoff weight (MGTOW) at altitudes
of 11 and 12 km and is plotted in Fig. 1-34. If the HP-1 flew at 0.83 Mach and
12-km altitude, the range factors at 95 percent MGTOW and at 70 percent
MGTOW are about the same. However, if the HP-1 flew at 0.83 Mach and
11-km altitude, the range factor would decrease with aircraft weight and the
aircraft’s range would be less than that of the HP-1 flown at 0.83 Mach and
12-km altitude. One can see from this discussion that the proper cruise altitude
can dramatically affect an aircraft’s range.

MAXIMUM C,/Cp. For flight conditions requiring minimum fuel consumption,
the optimum flight condition can be approximated by that corresponding to
maximum C;/Cp. From Eq. (1-32), the maximum C,/Cp (minimum C,/C,)
can be found by taking the derivative of the following expression, setting it
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Range factor for HP-1 aircraft at 70 and 95% MGTOW.

equal to zero, and solving for the C; that gives minimum Cp/C;:
—£=K1CL+K2+— (1'46)
CL L

The lift coefficient that gives maximum C, /C, (minimum Cp/C;) is

[Cpo
Co= .| 2 1-4
. K, (1-47)

and maximum C,/C,, is given by

(&) -ve=erw,
CD 2 CDOKI + K2

(1-48)

The drag D, range factor, endurance factor, and C,/C, versus Mach
number at an altitude are plotted in Fig. 1-35 for the HF-1 aircraft and in Fig.
1-36 for the HP-1. Note that the maximum C,/Cp occurs at Mach 0.8 for the
HF-1 and at, Mach 0.75 for jhe HP-1—the same Mach numbers where drags
are minimum. The endurance factor is a maximum at a substantially lower
Mach number than that corresponding to (C,/Cp)* for the HF-1 due to the
high TSFC and its increase with Mach number [see Eq. (1-36b)]. The
endurance factor for the HP-1 is a maximum at the same Mach number that
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Comparison of drag C;/Cj,, endurance factor, and range factor for the HF-1 at 36-kft altitude.
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Comparison of drag C,/Cy,, endurance factor, and range factor for the HP-1 at 11-km altitude.
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C,/Cp is maximum due to the lower TSFC of the high-bypass-ratio turbofan
engine [see Eq. (1-36a)].

The Mach number for an altitude giving a maximum range factor is called
the best cruise Mach (BCM). The best cruise Mach normally occurs at a little
higher Mach than that corresponding to (C,/Cp)*. This is because the velocity
term in the range factor normally dominates over the increase in TSFC with
Mach number. As a first approximation, many use the Mach number
corresponding to (C,/Cp)* for the best cruise Mach.

Example 1-8. Calculate the Mach giving maximum C,/C, at 20-kft altitude for
the HF-1 aircraft at 90 percent of maximum gross takeoff weight and a load factor
of 1.

Solution. From Fig. 1-24 at M,< 0.8, Cp,=0.012, K, =0.20, and K, =0.
C 0.012 012
\/ 2= |\ -2 =10.2449

W 0.9 x 40,000
= 204.16 1bf/ft’
97 ¢, 8.~ 0.2449 X 720 /

204.16
(y/z)aP,ef 0.7 X 0.4599 X 2116

ACCELERATED FLIGHT. For flight conditions when thrust T is greater than
drag D, an expression for the fuel consumption can be obtained by first noting
from Eq (1 28) that"‘;

T _ by
> W V[1—-(D+R)T]
We define the ratio of drag D + R to thrust T as

D +R
= 1-4
u="— (1-49)
The above equation for thrust to weight becomes
r b
—= 1-50
W V(A —u) (1-50)

Now Eq. (1-35) can be rewritten as
dw TSF
S __C_& P dr
w V(A-~u)g.

Since P, dt = dz,, the above equation can be expressed in its most useful forms
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FIGURE 1-37

Organization of a typical vehicle design team.

as

(1-51)

aw TSFC g _ TSFC 8o ( +_V_2)
w Vl-u)g.

- “TTVA-we. 2g

The term 1 — u represents the fraction of engine power that goes to increasing
the aircraft energy z., and u represents that fraction that is lost to aircraft drag
D + R. Note that this equation applies for cases when « is not unity. When u is
unity, either Eq. (1-39) or Eq. (1-44) is used.

To obtain the fuel consumption during an acceleration flight condition,
Eq. (1-51) can be easily integrated for known flight paths (values of V and z,)
and known variation of TSFC/[V (1 — u)] with z,.

Aerospace Vehicle Design—A Team Effort

Aeronautical and mechanical engineers in the aerospace field do many things,
but for the most part their efforts all lead to the design of some type of
aerospace vehicle. The design team for a new aircraft may be divided into four
principal groups: aerodynamics, propulsion, structures, and flight mechanics.
The design of a vehicle calls upon the extraordinary talents of engineers in
each group. Thus the design is a team effort. A typical design team is shown in
Fig. 1-37. The chief engineer serves as the referee and integrates the efforts of
everyone into the vehicle design. Figure 1-38 shows the kind of aircraft design
which might result if any one group were able to dominate the others.

1-6 ROCKET ENGINES

Non-air-breathing propulsion systemé are characterized by the fact that they
carry both fuel and the oxidizer within the aerospace vehicle. Such systems
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Stress group

FIGURE 1-38
Aircraft designs. 7

thus may be used anywhere in space as well as in the atmosphere. Figure 1-39
shows the essential features of a liquid-propellant rocket system. Two
propellants (an oxidizer and a fuel) are pumped into the combustion chamber
where they ignite. The nozzle accelerates the products of combustion to high
velocities and exhausts them to the atmosphere or space.

A solid-propellant rocket motor is the simplest of all propulsion systems.
Figure 1-40 shows the essential features of this type of system. In this system,
the fuel and oxidizer are mixed together and cast into a solid mass called the
grain. The grain, usually formed with a hole down the middle called the
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FIGURE 1-39

Liquid-propellant rocket motor.

perforation, is firmly cemented to the inside of the combustion chamber. After
ignition, the grain burns radially outward, and the hot combustion gases pass
down the perforation and are exhausted through the nozzle.

The absence of a propellant feed system in the solid-propellant rocket is
one of its major advantages. Liquid rockets, on the other hand, may be
stopped and later restarted, and their thrust may be varied somewhat by
changing the speed of the fuel and oxidizer pumps.

Rocket Engine Thrust

A natural starting point in understanding the performance of a rocket is the
examination of the static thrust. Application of the momentum equation
developed in Chap. 2 will show that the static thrust is a function of the
propellant flow rate m1,, the exhaust velocity V, and pressure P,, the exhaust
area A,, and the ambient pressure P,. Figure 1-41 shows a schematic of a
stationary rocket to be considered for analysis. We assume the flow to be
one-dimensional, with a steady exit velocity V, and propellant flow rate .
About this rocket we place a control volume o whose control surface intersects
the exhaust jet perpendicularly through the exit plane of the nozzle. Thrust
acts in the direction opposite to the direction of V,. The reaction to the thrust
F necessary to hold the rocket and control volume stationary is shown in Fig.
1-41.

V' /Solid propellant \_/
grain
Perforation Nozzle

FIGURE 1-40
Solid-propellant rocket motor.
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FIGURE 1-41
Schematic diagram of static rocket engine.

The momentum equation applied to this system gives the following:

1. Sum of forces acting on the outside surface of the control volume:
: 2E=F-(P.-PR)A,

2. The net rate of change of momentum for the control volume:

V.

A(momentum) = M, =

<

Since the sum of the forces acting on the outside of the control volume is
equal to the net rate of change of the momentum for the control volume, we

have

F—(P,—P)a,="2v

c

(1-52)

If the pressure in the exhaust plane P, is the same as the ambient pressure
P,, the thrust is given by F =m,,V,/g.. The condition P, = F, is called on-design

or optimum expansion because it corresponds to maximum thrust for the

given
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chamber conditions. It is convenient to define an effective exhaust velocity C
such that

Pe - Pa Ae c
C= Ve + _(___)____g_ (1_53)
my,
Thus the static thrust of a rocket can be written as
, C
F="r (1-54)
&c

Specific Impulse

The specific impulse I, for a rocket is defined as the thrust per unit of
propellant weight flow

& (1-55)

where g, is the acceleration due to gravity at sea level. The unit of [, is the
second. From Egs. (1-54) and (1-55), the specific impulse can also be written as

C
I =— (1-56)
8o

Example 1-9. Find the specific impulse of the space shuttle main engine (SSME)
which produces 470,0001bf in a vacuum with a propellant weight flow of
1030 Ibf/sec. By using Eq. (1-55), we find that the SSME has a specific impulse
of 456 sec (=470,000/1030) in vacuum.

An estimate of the variation in thrust with altitude for the space shuttle
main engine is shown in Fig. 1-42. The typical specific impulses for some rocket
engines are listed in Table 1-6. Other performance data for rocket engines are
contained in App. C.

Rocket Vehicle Acceleration

The mass of a rocket vehicle varies a great deal during flight due to the
consumption of the propellant. The velocity that a rocket vehicle attains during
powered flight can be determined by considering the vehicle in Fig. 1-43.
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Rocket thrust variation with altitude.

The figure shows an accelerating rocket vehicle in a gravity field. At some
time, the mass of the rocket is m and its velocity is V. In an infinitesimal time
dt, the rocket exhausts an incremental mass dm, with an exhaust velocity V,
relative to the rocket as the rocket velocity changes to V + dV. The net change
in momentum of the control volume ¢ is composed of the momentum out of
the rocket at the exhaust plus the change of the momentum of the rocket. The
momentum out of the rocket in the V direction is —V, dm,, and the change in
the momentum of the rocket in the V direction is m dV. The forces acting on

TABLE 1-6
Ranges of specific impulse I, for

typical rocket engines

Fuel/oxidizer I, (sec)
Solid propellant 250
Liquid O,: kerosene (RP) 310
Liquid O,: H, 410

Nuclear fuel: H, propellant 840
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FIGURE .1-43
Rocket vehicle in flight.

the control volume o are composed of the net pressure force, the drag D, and
the gravitational force. The sum of these forces in the V direction is
S F=(P.-P)A,—-D - "2cos
The resultant impulse on the rocket (Z F) df must equal the momentum
change of the system A(momentum) = (—V,dm, + mdV)/g.. Thus

-V,dm, +mdV
[(Pe—Pa)Ae-D—T—gcose]dt= mg" m
8¢ P

From the above relationship, the momentum change of the rocket (m dV) is

av V.d
maer - [(Pe—Pa)Ae—D — 8 cos e] dr + =" (1-57)
8¢ 8c 8c
Since dm, =m,, dt = —(dm/dt) dt, then Eq. (1-57) can be written as
av 1, V,
maer_ [(P,_, —P)A, +T2 < p —'Z—gcos 9] dr
By using Eq. (1-53), the above relationship becomes
av {
o =<T£C—D—’—n—gcose)dt
8¢ 8 8c
dm Dg,
or dV=—C-E—idt—gcos odt (1-58)
m m
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The velocity of a rocket along its trajectory can be determined from the

above equation if C, D, g, and @ are known.

In the absence of drag and gravity, integration of Eq. (1-58) gives the

following, assuming constant effective exhaust velocity C:

AV=ChZ (1-59)
me

where AV is the change in velocity, m; is the initial mass of the rocket system,
and my is the final mass. Equation (1-59) can be solved for the mass ratio as

; AV
Ly exp— (1-60)
mg C

Example 1-10. We want to estimate the mass ratio (final to initial) of an H,-O,
(C =4000 m/sec) rocket for an earth orbit (AV = 8000 m/sec), neglecting drag
and gravity. Using Eq. (1-59), we obtain m,/m; =e ?=0.132, or a single-stage
rocket would be about 13 percent payload and structure and 87 percent
propellant.

PROBLEMS

1-1.
1-2.

Calculate the uninstalled thrust for Example 1-1, using Eq. (1-6).

Develop the following analytical expressions for a turbojet engine:

a. When the fuel flow rate is very small in comparison with the air mass flow rate,
the exit pressure is equal to ambient pressure, and the installation loss
coefficients are zero, then the installed thrust 7'is given by

74}
T=g—j<n~%)

b. For the above conditions, the thrust specific fuel consumption is given by
Tg./ry+2V,
2n7hpr
¢. For V,=0 and 500 ft/sec, plot the above equation for TSFC [in (Ibm/hr)/Ibf]
versus specific thrust 7'/m, [in Ibf/(Ibm/sec)] for values of specific thrust from

0 to 120. Use m+ =0.4 and hpg = 18,400 Btu/lbm.
d. Explain the trends.

TSFC=

. Repeat 1-2c, using SI units. For V, =0 to 150 m/sec, plot TSFC [in (mg/sec)/N]

versus specific thrust T'/r, [in N/(kg/sec)] for values of specific thrust from 0 to
1200. Use nr = 0.4 and hpg = 42,800 kJ/kg.

. A J57 turbojet engine is tested at sea-level, static, standard-day conditions

(Py=14.696 psia, 1,=5187°R, and V,=0). At one ‘test point, the thrust is
10,200 1bf while the airflow is 164 Ibm/sec and the fuel flow is 8520 Ibm/hr. Using
these data, estimate the exit velocity V, for the case of exit pressure equal to
ambient pressure (F, = F,).
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1-5. The thrust for a turbofan engine with separate exhaust streams is equal to the
sum of the thrust from the engine core F- and the thrust from the bypass stream
F;. The bypass ratio of the engine « is the ratio of the mass flow through the
bypass stream to the core mass flow, or @ =m/m.. When the exit pressures are
equal to the ambient pressure, the thrusts of the core and bypass stream are given
by

1
Fe :E [(mc + mf)VCe - mcvo]

c

m
Fszjg—B(VBe“Vo)

where V., and Vj, are the exit velocities from the core and bypass, respectively,
W, is the inlet velocity, and #, is the mass flow rate of fuel burned in the core of
the engine.

Show that the specific thrust and thrust specific fuel consumption can be
expressed as

F 1 (1+mf/mc e )
Z= TV —
o g 1+« Vee 1+a Vo
S“ /e

F (F/mo)(l + a)

where w1, = mc + Hig.

1-6. The CF6 turbofan engine has a rated thrust of 40,000 1bf at a fuel flow rate of
13,920 Ibm/hr at sea-level static conditions. If the core airflow rate is 225 Ibm/sec
and the bypass ratio is 6.0, what are the specific thrust [Ibf/{(Ibm/sec)] and thrust
specific fuel consumption [(Ibm/hr)/1bf]?

1-7. The JT9D high-bypass-ratio turbofan engine at maximum static power (¥, = 0) on
a sea-level, standard day (P, = 14.696 psia, T, =518.7°R) has the following data:
the air mass flow rate through the core is 247 lbm/sec, the air mass flow rate
through the fan bypass duct is 1248 Ibm/sec, the exit velocity from the core is
1190 ft/sec, the exit velocity from the bypass duct is 885 ft/sec and the fuel flow
rate into the combustor is 15,750 Ibm/hr. Estimate the following for the case of
exit pressures equal to ambient pressure (F, = P,):

a. The thrust of the engine

b. The thermal efficiency of the engine (heating value of jet fuel is about
18,400 Btu/lbm)

¢. The propulsive efficiency and thrust specific fuel consumption of the engine

1-8. Repeat Prob. 1-7, using SI units.

1-9. One advanced afterburning fighter engine, whose performance is depicted in Figs.
1-14a through 1-14e, is installed in the HF-1 fighter aircraft. Using the aircraft
drag data of Fig. 1-26b, determine and plot the variation of weight specific excess
power (P, in feet per second) versus flight Mach number for level flight (n =1) at
36-kft altitude. Assume the installation losses are constant with values of
¢1nlet =0.05 and ¢noz 0.02.

1-10. Determine the takeoff speed of the HF-1 aircraft.
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1-11.

1-12,

1-13.

1-14.

1-15.

1-16.

Determine the takeoff speed of the HP-1 aircraft at 90 percent of maximum gross

takeoff weight.

Derive Egs. (1-47) and (1-48) for maximum C,/C,. Start by taking the derivative

of Eq. (1-46) with respect to C, and finding the expression for the lift coefficient

that gives maximum C,/Cp.

Show that for maximum C,/Cp, the corresponding drag coefficient C), is given by

Cp=2Cp+ K, i—’jo

An aircraft with a wing area of 800 ft* is in level flight (n=1) at maximum

C,/Cp. Given that the drag coefficients for the aircraft are Cpo=0.02, K, =0,

and K, =0.2, find

a. The maximum C,/Cp, and the corresponding values of C, and Cp

b. The flight altitude [use Eqgs. (1-29) and (1-30b)] and aircraft drag for an aircraft
weight of 45,000 1bf at Mach 0.8 '

c. The flight altitude and aircraft drag for an aircraft weight of 35,000 Ibf at Mach
0.8

d. The range for an installed engine thrust specific fuel consumption rate of 0.8
(Ibm/hr)/1bf, if the 10,000-1bf difference in aircraft weight between parts b and
¢ above is due only to fuel consumption '

An -aircraft weighing 110,000 N with a wing area of 42m” is in level flight (n =1)

at the maximum value of C,/C,. Given that the drag coefficients for the aircraft

are Cp,=0.03, K, =0, and K, =0.25, find the following:

a. The maximum C,/Cp, and the corresponding values of C, and Cp

b. The flight altitude [use Eqs. (1-29) and (1-30b)] and aircraft drag at Mach 0.5

c. The flight altitude and aircraft drag at Mach 0.75

The Breguet range equation [Eq. (1-45b)] applies for a cruise climb flight profile

with constant range factor RF. Another range equation can be developed for a

level cruise flight profile with varying RF. Consider the case where we keep C,,

Cp, and TSFC constant and vary the flight velocity with aircraft weight by the

expression
w
V= /EC__
pCLSw

Using the subscripts i and f for the initial and final flight conditions, respectively,
show the following:
a. Substitution of this expression for flight velocity into Eq. (1-42) gives

aw VW, p

VW RF

b. Integration of the above between the initial i and final f conditions gives

Ef_ [1 — L]z
W 2(RF)
c. For a given weight fraction W;/W,, the maximum range s for this level cruise

flight corresponds to starting the flight at the maximum altitude (minimum
density) and maximum value of VC,/C).
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1-18.

1-19.

1-20.
1-21.

1-22.

1-23.
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d. For the drag coefficient equation of Eq. (1-32), maximum VC,/Cp corresponds
to C, =(1/6K;)(V12K,Cpo + K5 — K;).

An aircraft begins a cruise at a wing loading W/S,, of 100 Ibf/ft> and Mach 0.8.

The drag coefficients are K, = 0.056, K, = —0.008, and C,,=0.014, and the fuel

consumption TSFC is constant at 0.8 (Ibm/hr)/1bf. For a weight fraction W;/W, of

0.9, determine the range and other parameters for two different types of cruise.

a. For a cruise climb (max. C,/Cp) flight path, determine C,, Cp, initial and final
altitudes, and range.

b. For a level cruise (max. VC,/ Cp) flight path, determine C,, Cp, altitude,
initial and final velocities, and range.

An aircraft weighing 70,000 Ibf with a wing area of 1000 ft* is in level flight (n = 1)
at 30-kft altitude. Using the drag coefficients of Fig. 1-24 and the TSFC model of
Eq. (1-36b), find the following:

a. The maximum C,/Cp, and the corresponding values of C,, Cp, and Mach
number (Note: Since the drag coefficients are a function of Mach number and
it is an unknown, you must first guess a value for the Mach number to obtain
the drag coefficients. Try a Mach number of 0.8 for your first guess.)

b. The C,, Cp, C./Cp, range factor, endurance factor, and drag for flight Mach
numbers of 0.74, 0.76, 0.78, 0.80, 0.81, and 0.82

¢. The best cruise Mach (maximum RF)

d. The best loiter Mach (maximum EF)

An aircraft weighing 200,000 N with a wing area of 60 m” is in level flight (n = 1)

at 9-km altitude. Using the drag coefficients of Fig. 1-24 and TSFC model of Eq.

(1-36b), find the following:

a. The maximum C,/C, and the corresponding values of C,, Cp, and Mach
number (Note: Since the drag coefficients are a function of the Mach number
and it is an unknown, you must first guess a value for the Mach number to
obtain the drag coefficients. Try a Mach number of 0.8 for your first guess.)

b. The C,, Cp, €./Cp, range factor, endurance factor, and drag for flight Mach
numbers of 0.74, 0.76, 0.78, 0.80, 0.81, and 0.82

¢. The best cruise Mach (maximum RF)

d. The best loiter Mach (maximum EF)

What is the specific impulse in seconds of the JTID turbofan engine in Prob. 1-7?

A rocket motor is fired in place on a static test stand. The rocket exhausts
100 1bm/sec at an exit velocity of 2000 ft/sec and pressure of 50 psia. The exit area
of the rocket is 0.2ft>. For an ambient pressure of 14.7 psia, determine the
effective exhaust velocity, the thrust transmitted to the test stand, and the specific
impulse.

A rocket motor under static testing exhausts 50 kg/sec at an exit velocity of
800 m/sec and pressure of 350 kPa. The exit area of the rocket is 0.02 m’. For an
ambient pressure of 100 kPa, determine the effective exhaust velocity, the thrust
transmitted to the test stand, and the specific impulse.

The propellant weight of an orbiting space system amounts to 90 percent of the

system gross weight. Given that the system rocket engine has a specific impulse of

300 sec, determine: ’ : ‘

a. The maximum attainable velocity if all the propellant is burned and the
system’s initial velocity is 7930 m/sec
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b. The propellant mass flow rate, given that the rocket engine thrust is
1,670,000 N

1- 24 A chemical rocket motor wtih a specific impulse of 400sec is used in the final
stage of a multistage launch vehicle for deep-space exploration. This final stage
has a mass ratio (initial to final) of 6, and its single rocket motor is first fired while
it orbits the earth at a velocity of 26,000 ft/sec. The final stage must reach a
velocity of 36,700 ft/sec to escape the earth’s gravitational field. Determine the
percentage of fuel that must be used to perform this maneuver (neglect gravity
and drag).

1-D1 GAS TURBINE DESIGN PROBLEM 1
(HP-1 AIRCRAFT)

Background

You are to determine the thrust and fuel consumption requirements of the two engines
for the hypothetical passenger aircraft, the HP-1. The twin-engine aircraft will cruise at
0.83 Mach and be capable of the following requirements:

1. Takeoff at maximum gross takeoff weight Wy from an airport at 1.6-km pressure
altitude on a hot day (38°C) uses a 3650-m (12-kft) runway. The craft is able to
maintain a 2.4 percent single-engine climb gradient in the event of engine failure at
liftoff.

2. It transports 253 passengers and luggage (90kg each) over a still-air distance of
11,120 km (6000 nmi). It has 30 min of fuel in reserve at end (loiter).

3. It attains an initial altitude of 11-km at beginning of cruise (P, = 1.5 m/sec).

4. The single-engine craft cruises at 5-km altitude at 0.45 Mach (P, = 1.5 m/sec).

All the data for the HP-1 contained in Example 1-2 apply. Preliminary mission
analysis of the HP-1 using the methods of Ref. 12 for the 11,120-km flight with 253
passengers and luggage (22,770-kg payload) gives the following preliminary fuel use:

Description Distance (km)  Fuel used (kg)

Taxi 200*

Takeoff 840*

Climb and acceleration 330 5,880*

Cruise | 10,650 50,240

Descent 140 1,090*

Loiter (30 min at 9-km altitude) 2,350

Land and taxi 600*
11,120 61,200

* These fuel consumptions can be considered to be constant.

Analysis of takeoff indicates that each engine must produce an installed thrust of
214kN on a hot day (38°C) at 0.1 Mach and 1.6-km pressure altitude. To provide for
reasonable-length landing gear, the maximum diameter of the engine inlet is limited to
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2.2 m. Based on standard design practice (see Chap. 10), the maximum mass flow rate
per umit area is given by

m 8

—=231.8

A Ve,
Thus on a hot day (38°C) at 0.1 Mach and 1.6-km pressure altitude, 8 =38+

273.1)/2882=1.079, 6,=1.079 X1.002=1.081, & =0.8256, &,=0.8256X1.007=
0.8314, and the maximum mass flow through the 2.2-m-diameter inlet is 704.6 kg/sec.

(kg/sec)/m?

Calculations

1. If the HP-1 starts out the cruise at 11-km with a weight of 1,577,940 N, find the

allowable TSFC for the distance of 10,650 km for the following cases.

a. Assume the aircraft performs a cruise climb (flies at a constant C,,/C,). What is
its altitude at the end of the cruise climb?

b. Assume the aircraft cruises at a constant altitude of 11 km. Determine C,/C, at
the start and end of cruise. Using the average of these two values, calculate the
allowable TSFC.

Determine the loiter (endurance) Mach numbers for altitudes of 10, 9, 3, 7, and 6 km

when the HP-1 aircraft is at 64 percent of Wi,

3. Determine the aircraft drag at the following points in the HP/1 aircraft’s 11,120-km
flight based on the fuel consumptions listed above: /

a. Takeoff, M = (.23, sea level

b. Start of cruise, M =0.83, 11 km

c. End of cruise climb, M =0.83, altitude = ? ft

d. End of 11-km cruise, M = 0.83, 11 km

e. Engine out (88 percent of Wy), M =045, 5km

N

1-D2 GAS TURBINE DESIGN PROBLEM 2
(HF-1 AIRCRAFT)

Background

You are to determine the thrust and fuel consumption requirements of the two engines
for the hypothetical fighter aircraft HF-1. This twin-engine fighter will supercruise at 1.6
Mach and will be capable of the following requirements:

1. Takeoff at maximum gross takeoff weight Wi, from a 1200-ft (366-m) runway at sea
level on a standard day.

2. Supercruise at 1.6 Mach and 40-kft altitude for 250 nmi (463 km) at 92 percent of
Wro.

3. Perform 5g turns at 1.6 Mach and 30-kft altitude at 88 percent of Wr.

4. Perform 5g turns at 0.9 Mach and 30-kft altitude at 88 percent of W,

5. Perform the maximum mission listed below.

All the data for the HF-1 contained in Example 1-2 apply. Preliminary mission
analysis of the HF-1 using the methods of Ref. 12 for the maximum mission gives the
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following preliminary fuel use:

Description Distance (nm) Fuel used (1bm)
Warmup, taxi, takeoff 700*
Climb and acceleration to 0.9 Mach and 40 kft 35 1,800*
Accelerate from 0.9 to 1.6 Mach 12 700*
Supercruise at 1.6 Mach and 40 kft 203 4,400
Deliver payload of 2000 Ibf 0 0*
Perform one 5g turn at 1.6 Mach and 30 kft 0 1,000*
Perform two 5g turns at 0.9 Mach and 30 kft 0 700*
Climb to best cruise altitude and 0.9 Mach 23 400*
Cruise climb at 0.9 Mach 227 1,600
Loiter (20 min at 30-kft altitude) 1,100
Land . 0*
500 12,400

* These fuel consﬁmptions can be considered to be constant.

‘Analysis of takeoff indicates that each engine must produce an installed thrust of
23,500 1bf on a standard day at 0.1 Mach and sea-level altitude. To provide for optimum
integration into the airframe, the maximum area of the engine inlet is limited to 5 ft*.
Based on standard design practice (see Chap. 10), the maximum mass flow rate per unit
area for subsonic flight conditions is given by

N ,
'Z" =475 \/Z)OE (Ibm/sec)/ft>

Thus at 0.1 Mach and sea-level standard day, 8 =1.0, 8,=1.002, § =1.0, §,=1.007,
and the maximum mass flow through the 5-ft> inlet is 238.9 Ibm/sec. For supersonic
flight conditions, the maximum mass flow rate per unit area is simply the density of the
air p times its velocity V.

Calculations
1. If the HF-1 starts the supercruise at 40kft with a weight of 36,800 1bf, find the
allowable TSFC for the distance of 203 nmi for the following cases:

a. Assume the aircraft performs a cruise climb (flies at a constant Cp,/C.). What is
its altitude at the end of the cruise climb?

b. Assume the aircraft cruises at a constant altitude of 40 kft. Determine C,/C, at
the start'and end of cruise. Using the average of these two values, calculate the
allowable TSFC.

2. Find the best cruise altitude for the subsonic return cruise at 0.9 Mach and 70.75
percent of Wi,
3. Determine the loiter (endurance) Mach numbers for altitudes of 32, 30, 28, 26, and

24 kft when the HF-1 aircraft is at 67 percent of W,

4. Determine the aircraft drag at the following points in the HF-1 aircraft’s maximum
mission based on the fuel consumptions listed above:
. Takeoff, M =0.172, sea level
. ‘Start of supercruise, M = 1.6, 40 kft - L
. End of supercruise climb, M = 1.6, altitude = ? ft
. End of 40-kft supercruise, M =1.6, 40 kft
Start of subsonic cruise, M = 0.9, altitude = best cruise altitude
Start of loiter, altitude = 30 kft

ThN AN R



CHAPTER

2

THERMODYNAMICS
REVIEW

2-1 INTRODYCTION

The operation of gas turbine engines and of rocket motors is governed by the
laws of mechanics and thermodynamics. The field of mechanics includes the
mechanics of both fluids and solids. However, since the process occurring in
most prepulsion devices involves a flowing fluid, our emphasis will be fluid
mechanics or, more specifically, gas dynamics. ‘

With the aid of definitions and experimentally observed phenomena,
logical deductions have been made over the years leading to the fundamental
laws of mechanics and thermodynamics. Initially the development of these
sciences was based on intuition and the accumulation of many different, but
not always unrelated, theorems and rules. Frequently the understanding of
certain concepts and phenomena was hindered by ambiguous and conflicting
definitions. Today, as a result of years of work in mechanics and thermo-
dynamics, we can present an efficient and logical introduction to these sciences
based on the schematic outline of Fig. 2-1. In this figure, the terms fundamental
laws, theorems, and corollaries have the following meanings. A fundamental
law is a statement that can be neither deduced logically from definitions nor
established by a finite number of experimental observations. A fundamental
law is usually a generalization of experimental results beyond the region
covered by the experiments themselves. A theorem is a statement whose
validity depends upon the validity of a given set of laws. A corollary is a more
or less self-evident statement fellowing a definition, law, or theorem.

67
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Corollaries
3 Fundamental laws

Experimentai .
0b§ervati0ns Theorems  +— Corollaries
Corollaries —={ Definitions Analytical
tools
Nature
Understanding Design

FIGURE 2-1 ‘
Interrelationship of definitions, laws, and theorems.

Our approach, then, will be as follows:

1. Definitions will be given which enable us to describe the phenomena of
interest.

2. With a necessary and sufficient set of terms so defined, we will indicate how
experimental observations of these defined quantities—alone or as they
interact with each other—Ilead to the statement of certain laws of nature.

3. From definitions and laws, corollaries and theorems will be stated and
analytical tools shaped. These tools will be used in the study of propulsion
systems and the gas flow through components of propulsion devices.

This chapter begins by setting forth the definitions upon which many
experimental observations in mechanics. and aeronautics are based. The
concepts of mass, energy, entropy, and momentum are then introduced, and
the basic laws are developed for a system (control mass or closed-system) and
control volume (open system). The following chapters use these basic laws in
developing analytical tools for the study of one-dimensional gas dynamics,
rocket propulsion, and aircraft propulsion.

2-2 DEFINITIONS

Before introducing the concepts of mass, energy, entropy, and momentum, we
consider some basic definitions.

System and Control Volume

The system and the control volume play the part in the mechanics of fluids that
a free body serves in the mechanics of rigid bodies. In fact, the free body of
mechanics is simply a special case of a system.
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A system is any collection of matter of fixed identity within a prescribed
boundary. The boundary of a system is not necessarily rigid; hence, the volume
of a system may change. Everything external to the system is called the
surroundings, and the surface which separates the system from its surroundings
is called the system boundary. A system, then, is the body or substance which
one focuses attention upon in order to observe its behavior alone or as it
interacts with the surroundings. Consider Newton’s second law of motion in
the form F = ma. The mass m in this equation is the mass of a system, F is the
resultant force (interaction) exerted by the surroundings on the system, and a
is the acceleration of the center of mass of the system.

Sometimes it is more convenient to analyze a fluid flow problem by fixing
one’s attention on a region through which fluid is flowing rather than by
studying a fluid system. For this reason we introduce the concept of a control
volume. .

A control volume is any prescribed volume in space bounded by a control
surface through which matter may flow and across which interactions with the
surroundings may occur. Often in our study of fluid flows, we will use the
control volume approach rather than the system approach. Each approach is
equally valid (Fig. 2-2), and the method selected for a particular problem is
simply a matter of convenience.

Classes of Forces

We can identify two classes of forces: boundary or contact forces and
distant-acting or body forces. Boundary forces act on the boundaries of
systems. A boundary force is the force of one system upon another at the
point of contact of the two system boundaries. In order for system A to exert a
boundary force on system B of magnitude F,p, the boundary of A must be in
contact with the boundary of B.

A body force is due to distant-acting influences such as gravity, magnetic

Basic laws

Mass conservation

Second law of motion

Energy conservation

Second law of thermodynamics

applied to
System Control volume F _IGURE .2'2 L .
. - First step in application of basic
Collection of Region fixed in space laws is the selection of a system
matter of fixed through which matter and its boundary or a control
identity flows X
volume and its boundary.
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©

E (earth)

/”’_—N\\/
// ~
7 \\
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IfAE

E (earth)

(a) Earth and moon exert equal and (b) A block resting on the earth has a body
opposite bedy forces upon eah other. force f. (its weight) and exerts a body force
The body forces act at the center of fg on the earth. These body forces give rise
gravity of each. to the contact forces F g and Fgc at the point

of contact of C and E.

FIGURE 2-3
Body and contact forces.

effects, and electrodynamic forces and is proportional to either the mass or the
volume of the body. System A need not be in contact with system B in order
for A to exert a body force of magnitude f, 5 (we use F for contact forces and f
for body forces) on B. If A and B are in contact, however, their mutual body
forces can give rise to contact forces as indicated in Fig. 2-3.

Influences and Boundaries

Influences between a system or a control volume region and the environment
external to the system (the surroundings) are described in terms of the
phenomena occurring at the system’s boundary. The types of influences that
will concern us are boundary forces, work interactions, and heat interactions.
Work and heat interactions will be defined later. The point to be made and
emphasized here is that before analytical tools are applied, a system or control
volume and its boundary must be clearly defined. The first step, therefore, in the
solution of a problem is the selection of a system or control volume and its
boundary.

Example: Selection of Beundaries

To illustrate the importance of the selection of boundaries, consider a rocket
engine mounted horizontally on a test stand at sea level, as in Fig. 2-4. If we
wish to examine the various forces acting on the rocket, we must select a
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(a) System boundary b) Contrél surface (c) Control surface
FIGURE 2-4

Three different boundaries for examining forces on a rocket engine.

system or control volume and identify its boundary. Each of three boundaries
shown in Fig. 2-4 identifies either a system or a control volume having forces
acting thereon.

Let the boundary in (a) of the figure define a system. The forces of the
surroundings on the system are conveniently examined in terms of the portions
of the system boundary coincident with (i) the rocket’s internal surface, (ii) the
rocket’s external surface, and (iii) the surface of the strut cut by the boundary.
The forces are as follows:

(i) The forces acting on that portion of the system boundary formed by the
internal walls of the rocket. These forces are due to the pressure forces of
the gases acting perpendicular to the interal surfaces and the frictional
forces of the flowing gases acting tangential to the internal surfaces.

(i1) The pressure forces of the surrounding air on that portion of the system
boundary formed by the external surface of the rocket. We will assume
that the air surrounding the rocket is at rest so that there are no frictional
forces between the air and the rocket.

(iii) The force of the strut external to the system acting on the boundary
coincident with the strut surface cut by the boundary. This force will have
a component perpendicular to the surface counteracting gravity and a
component tangential to the boundary due to the imbalance in the
horizontal component of the forces acting on the surfaces of (i) and (ii).

The boundaries in (b) and (c) of Fig. 2-4 each represent a control
surface—i.e., the surface enclosing a control volume—because mass may flow
through a portion of the boundary of each. Surface (i) of system (a) is identical
with part of the control surface (b). We note also that surfaces identified as (ii)
and (iii) of (a) form a part of the contro! surface (c).

The only part of the boundaries in (b) and (c) that has not been
examined previously is that portion which lies across the exit of the rockei
nozzle. Let us designate this portion of the control surface as (iv). With this
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notation, we can write
System boundary (a) = (i) + (ii) + (iii)
Control surface (b) = (i) + (iv)
Control surface (c¢) = (ii) + (iii) + (iv)

Since the forces acting on (i), (i), and (iii) have already been discussed, we
need only to examine the forces acting on (iv) to complete the discussion.

When a sketch is made of a control surface as in (b) and (c¢) with a gas
flowing across the surface, it represents an instantaneous picture of the flow
situation. In this instantaneous picture, we imagine momentarily that the
boundary (iv) is occupied by an infinitely thin and massiess sheet of material
having the instantaneous speed of the fluid at (iv). Now we ask, what are the
forces on this sheet and, hence, on the control surface boundary (iv)? The
forces on the sheet are the pressure forces of the gas adjacent to it. These
forces will be as shown in Fig. 2-5, where external and internal refer to the
outside and the inside of the control volume, respectively. If we are interested
in the force of the surroundings on (iv), then we observe that its value is the
product of the surface area of (iv) and the pressure at (iv), and that it has a
direction, as indicated in the figure. The force of the control volume on the
surroundings at (iv) is cpposite and equal to this external force.

Other Definitions

Work interaction is an interaction between two systems as a result of a
boundary force between the two systems displacing the common boundary
through a distance.

Heat interaction is an interaction between two systems as the result of a
temperature difference between the two systems.

A property is any observable characteristic of a system. Some examples of
properties are temperature, volume, pressure, and velocity.

|

! | Fsc Fes 1 Jetexhaust

: ' 1 in surroundings
1
I

e e ——

Fg = internal force of control volume C on surroundings S.

Fg= external force of S on C.

FIGURE 2-5
Forces acting on that portion of a control surface through which gas is flowing.
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Extensive and intensive properties: Subdivide any homogeneous system A
into two parts. Any property of A whose value is the sum of the values of the
property for the two parts of A is an extensive property (i.e., mass, volume,
kinetic energy). Pressure and temperature are not extensive properties, but are
examples of intensive properties.

State is the condition of a system, identified through the properties of the
system. Two states of a system are called identical if every property of the
system is the same in both instances.

Process describes how a system changes from one state to another. A
process is fully described only when end states, path, and interactions are
specified.

An adiabatic process is any process in which there are no heat in-
teractions.

An isolated system is a system which can have no interactions with any
other system.

Entropy S is a property of matter that measures the degree of
randomization or disorder at the microscopic level. The natural state of affairs
is for entropy to be produced by all processes. The notion that entropy can be
produced, but never destroved, is the second law of thermodynamics. Entropy
changes can be quantified by use of the Gibbs equation

dU +PdVv dH -V dP
= —————— or dS=—7V

ds
T T

2-3 SIMPLE COMPRESSIBLE SYSTEM

The state of a system is described by specifying the value of the properties of
the system. Some properties which may be used in describing the state of a
system are given in Table 2-1. If the specification of one of the properties in
the table fixes the value of a second property, the two properties are called
dependent. Density and specific volume (p =1/v) form an example of two
dependent properties. Two properties are independent if the specification of

TABLE 2-1
Some thermodynamic properties

Primitive Derived
Extensive Intensive Extensive Intensive
Mass m Density p Energy E Specific energy e
— Pressure P Kinetic energy Ey Specific kinetic energy z;c
— Temperature T Potential energy Ep  Specific potential energy =4

c

Volume V' Specific volume v Internal energy U Specific internal energy u
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one does not fix the value of the other. Temperature and potential energy are
two independent properties.

The number of properties required to fix the state of a system is a
measure of the system’s complexity. We can reduce the complexity of a system
by:

a. Restricting the type of material making up the system.
b. Limiting the modes of behavior of the system.

We use both (@) and (b) in defining a simple system which is easily subject to
analysis.
A simple compressible system is:

a. A substance which is homogeneous and invariant in chemical composition,
and

b. A system in the absence of motion, force fields (gravity, electric, etc.),
capillarity effects, and distortion of solid phases. Let us refer to those modes
of behavior listed in (b) immediately above as b-effects. Gaseous air in the
absence of b-effects is an example of a simple compressible system. Notice
that properties which are related to velocity or position in a gravitational
field (momentum, kinetic energy, potential energy) need not be specified in
fixing the state of a simple compressible system.

The number of properties required to fix the state of a simple
compressible system is very limited. The state of a pure substance in the
absence of b-effects is fixed by specifying any two independent intensive
properties of the system.

Once the state of the system is fixed, the values of all other properties of
the system are fixed. If, for example, the two independent properties P and p
of a simple gas system of mass m are specified, then all remaining properties
(T, S, U, etc.) are fixed. When we say a derived property such as U is fixed, we
mean, of course, that its value relative to some arbitrary datum-state is fixed. -

As the restriction on each mode of behavior in the b-effects is removed,
one more property must be specified to fix the state of the system. Thus the
state of a gas of mass m in the presence of motion, but in the absence of other
b-effects, is fixed by specifying its pressure, temperature, and a third property
that fixes its speed or velocity. This third property may be velocity directly or
other properties dependent upon velocity such as Mach number, or the
properties called rotal temperature and total pressure which we will define and
use later.

2-4 EQUATIONS OF STATE

The specification of any two independent properties will fix the state of a
simple system and, therefore, the values of all other properties of the system.
The values of the other properties may be found through equations of state.
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By making two coordinates of a three-dimensional axis system corres-
pond to two independent properties of a simple system and letting the third
coordinate represent .any dependent thermodynamic property, a three-
dimensional thermodynamic surface representing the relation between the
three properties can be constructed from measured values of the three
properties in equilibrium states. If the three properties related in this manner
are P, v, and T, the resulting thermodynamic surface is called the P-v-T
surface. The P-u-T surface for a unit mass of water is shown in Fig. 2-6. Any
point on the P-v-T surface of Fig. 2-6 represents an element of the solution of
the function

fP,v, TY=0 (2-1)

A function relating one dependent and two independent thermedynamic
properties of a simple system of unit mass is called an equation of state. When
the three properties are P, v, and T as in Eq. (2-1), the equation is called the
thermal equation of state. In general, we cannot write the functional relation-
ship Eq. (2-1) in the form of an equation in which specified values of the two
properties will allow us to determine the value of the third. Although humans
may not know what the functional relation Eq. (2-1) is for a given system, one
does exist and nature always knows what it is. When the solution set of Eq.
(2-1) cannot be determined from relatively simple equations, tables which list
the values of P, v, and T (eiements of the solution set) satisfying the function
may be prepared. This has been done for water (in all its phases), air, and most
common gases. :

The functional relation between the energy u of a simple system of unit

On the ruled surfaces, P and T are dependent properties.
CP = critical point: state beyond which vapor and liquid phases are indistinguishable.
TP = triple point: junction of the solid, liquid, and vapor phase boundaries.

FIGURE 2-6
The P-v-T surface for water. -
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mass and any two independent properties for the set P, v(=1/p), T is cailed
the energy equation of state. This equation can be written functionally as

u=u(T,v)
or u=u(P,v) (2-2)
or u=u(P, T)

As with the thermal equation of state, we may not be able to write an
analytical expression for any of the functional relations of (2-2). The important
thing is that energy is a property; hence, the functional relations exist.

If the solution sets of the thermal and energy equations of state of a
simple system of unit mass are known, all thermodynamic properties of the
system can be found when any two of the three properties P, v, T are specified.
From the solution set, we can form a tabulation of v and u against specified
values of P and T for all states of the system. From these known values of P,
T, v, and u, we can determine any other property of the simple system. For
example, the value of the property enthalpy h is found for any state of the
system by combining the tabulated values of P, v, and u for that state by

h=u+Pv (2-3)
Four other definitions are listed here for use in the later sections of this

chapter: specific heat at constant volume c,, specific heat at constant pressure
¢,, ratio of specific heats y, and the speed of sound a:

y=2 (2-6)
e=e5) =w(3) 1)

2-5 BASIC LAWS FOR A CONTROL
MASS SYSTEM

The first and second laws of thermodynamics can be expressed in several
different ways. A thermodynamics student should recognize the following
general statement of the first law for a control mass system:

Wi+ Qin = Wou + Qoue + AE where AE = AKE + APE + AU

The general form of the second law of thermodynamics for a control mass
system can be expressed as follows:

a0(9),-(9)

in
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Both of these expressions allow for work and heat interactions both in and out
of a control mass. However, in the study of propulsion, an interesting
convention is observed. All heat interactions are assumed to be Q,,, while all
work interactions are assumed to be W,,,. Therefore, if you were to analyze a
system with a Q,,, you would have to consider a Q,,, as a negative Q;,. In a
similar manner, a W,, would be a negative W, . With this convention in mind,
the first and second laws for a control mass system can be rewritten as follows:

First law Q=W+AE or Q- W=AE
Q
Second law AS — T =0

The laws of mechanics and thermodynamics, as written in the first
instance for a control mass system, are cumbersome to apply to fluid flow
problems where one wishes to study a region through which fluid is flowing
rather than fix one’s attention upon a fixed amount of mass (control mass
system). It is extremely useful at the outset, therefore, to convert these laws as
written for a control mass system to a form directly applicable to the study of
flow through a region fixed in space. This region we may call an open system
(as is often done in thermodynamics and chemical engineering) or a control
volume, which is the name customarily used in fluid mechanics and aerodyna-
mics. We follow this latter use. A cortrol volume is any prescribed volume in
space bounded by a control surface across which matter may flow and heat
interactions and work interactions may occur.

We desire, then, to develop control volume relations from the basic laws
as written for a system of fixed mass. First, however, we consider the basic laws
of interest.

d
Conservation of mass = d—’? 2-8)
dQ dw dE
Conservation of energy —(i% T (2-9)
Second law of 1dQ dS
thermodynamics Tdi - di (2-10)
1 dM,
Momentum equation > E= E dt' (2-11)

Equation (2-8) is the mathematical formulation of the fact that matter is
neither created nor destroyed. Thus a quantity of matter m cannot vary with
time. We assume here that atomic species are conserved, and we dismiss from
consideration nuclear reactions. Equation (2-9) relates the change of energy £
of a system to the heat interaction Q into a system and the work interaction W
out of a system as it proceeds in time dt between two states infinitesimally
different from each other. From the second law of thermodynamics and the
definition of entropy, we obtain Eq. (2-10), which states that the rate of
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entropy production dS/dt must be greater than or equal to zero (i.e., the rate
of entropy creation in a mass system must be greater than or equal to the rate
of inflow associated with the heat interaction). Finally, Newton’s second law of
motion [Eq. (2-11)] states that the instantaneous rate of change of the
momentum M, in the x direction of a system of fixed mass is equal to the sum
of the forces in the x direction acting on the mass at that instant. The subscript
x is used to emphasize that momentum and force are vector quantities. -

By writing Egs. (2-8), (2-9), (2-10), and (2-11) in the manner chosen, a
similarity or unification of the right-hand side of each equation is evident. Each
equation has on the right-hand side the time derivative of a property—mass,
energy, entropy, and momentum, respectively. Each of these property time
derivatives applies to a mass of fixed identity—a control mass system. In the
next section, expressions will be developed that relate each derivative to
quantities associated with a control volume. Thus the right-hand sides of Egs.
(2-8) through (2-11) will be put into a form directly applicable to flow through
a control volume.

2-6 RELATIONS BETWEEN THE
SYSTEM AND CONTROL VOLUME

Suppose that fluid is flowing through the control volume ¢ in Fig. 2-7 along the
streamlines shown. Let the mass contrained within ¢ at any time be designated
as m,. At some initial time ¢,, suppose that a system is defined to be the mass
m of fluid contained in o (Fig. 2-7). At some later time ¢,, this mass system
will have moved to the position shown by the boundary S in Fig. 2-8. To relate
the system m to the control volume o, we must evaluate the time derivative of
m in terms of control volume quantities. By definition,
m_ .. m,—my
ar o Am (2-12)
where 8t=1t, — t;
m, = mass system at time #,
m,, = mass system at time &,

\ @ FIGURE 2.7
A Mass system within o at time ;.
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FIGURE 2-8
Mass system not completely in o at time ¢£,.

At time ¢, the mass system m completely fills the control volume so that

My, = Mg, (2-13)

1
At the later time ¢,, the mass system has moved so that a small portion of the
mass system, denoted by ém,,,, has moved out of the control volume at section
2 while the remaining portion of the mass still occupies most of the control
volume. During the time interval ¢, note that a small element of mass dm;,
has entered o through section 1, but this mass is not part of our system of
interest. Thus we have

my, = Mgy, + Moy — 5'nin (2'14)

Substitution of Egs. (2-13) and (2-14) into Eq. (2-12) and rearranging terms
yield

dm <m0-12 — Mgy, + Bmout B 6rnin) (2_15)

e > ot
The derivative depends, therefore, on two items. The first represents the rate
of accumulation of mass within & which we denote by dm,/dt. The second
represents the net outflow of mass from o which we denote by m,,, — My,
where 1 represents the mass flux or flow rate through a control surface. Thus
Eq. (2-15) becomes

_dLn _dm,
dt dt

+ mout - n'”lin . (2-16)

/

y .
Equation (2-16) is the desired result relating to the system and control volume
approaches. In words, the equation reads: The time rate of change of the mass
of a system at the instant it is within a control volume o is equal to the
accumulation rate of mass within the control volume plus the net mass flux out
of the control volume.
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i
_IL.»VI .’/ ——--—:—»v2
: 1 FIGURE 2-9
—_— _: Control volume for steady
4] 2) flow.

The result expressed in Eq. (2-16) is true of any extensive property R of a
system. We may write, therefore,

R _dRs  po—R 2-17
dl‘-— dt out in (' )

This is the general result we may use to obtain a control volume equation from
any system equation involving the rate of change of an extensive property.

DEFINITION OF STEADY FLOW. Consider the flow of fluid through the
control volume o shown in Fig. 2-9. If the properties of the fluid at any point {
in the control volume do not vary with time, the flow is called steady flow. For
such flows we may conclude

dR, )
o 0 in steady flow (2-18)

DEFINITION OF ONE-DIMENSIONAL FLOW. If the intensive stream prop-
erties at a permeable control surface section normal to the flow directions are
uniform, the flow is called one-dimensional. Many flows in engineering may be
treated as steady one-dimensional flows. The term one-dimensional is synony-
mous in this use with uniform and applies only at a control surface section.
Thus the overall flow through a control volume may be in more than one
dimension and still be uniform (one-dimensional flow) at permeable sections of
the control surface normal to the flow direction. The flow in Fig. 2-10 is called

FIGURE 2-10

One-dimensional flow through a conver-
gent duct. The flow is uniform at sections
1 and 2, hence one-dimensional, even
though the flow direction may vary else-
(€] where in the flow.
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one-dimensional flow since the intensive properties, such as velocity, density,
and temperature, are uniform at sections 1 and 2.

2-7 CONSERVATION OF MASS
EQUATION

The law of mass conservation for any system A is simply

dm,
—=0 2-19
ar (2-19)
Entering this result into Eq. (2-17) yields
dm, . .
dt + Mo — M =0 (2-20)

which is known as the conservation of mass equation. For steady flows through
any control volume, Eq. (2-20) simplifies to

mou[ = min (2'21)

If the flow is steady and one-dimensional through a control volume with a
single inlet and exit such as shown in Fig. 2-10, m1 = pAV,, (where V, is the
velocity component normal to A), and

p1A IV, = pa AV, (2-22)

2-8 STEADY FLOW ENERGY

EQUATION
The energy equation written as a rate question is
) . dE
Qa=Wa=—7 2-9)

where O, and W, are the rates at which heat and work interactions are
occurring at the system boundary. If all the work is due to shaft work, W,
represents the shaft power delivered by system A as it receives energy due to a
heat interaction at rate Q, and as the energy E of A changes at rate dE,/dt. It
is convenient to have Eq. (2-9) in a form involving terms associated with the
boundary of a control volume. With this in mind, we consider steady
one-dimensional flow of a fluid (pure substance in the presence of motion and
gravity) through a control volume and surface o (Fig. 2-11). Fluid crosses o at
the in and out stations only. A shaft work interaction W, and heat interaction
Q occur at the boundary of ¢. In addition, flow work interaction occurs at the
in and out stations of ¢ due to the pressure forces at these stations moving
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Zout

~
Gin Control surface ¢ FIGURE 2-i1
Steady flow through control
. Boundary of volume o—flow picture at any
Q system A at#; W time ¢,

with the fluid. Since energy is an extensive property, we may write for any
instant of time ¢ that system A is in o

dE, _dE,

E
dt  dt Eou = Ein

Therefore, for steady one-dimensional flow, the right-hand term of Eq. (2-9)

becomes
0
dEA> d o - ” . o
( dr . ( 7dt )n Eoui— B (em)out (em)m

or, with m;, = m, = m,

(G = rieas—en 0

where e =u + V?/(2g.) + gz/g.. For the heat interaction term of Eq. (2-9) we
have, for system A at time ¢,

(Qa), =0 (i)

where Q represents the heat interaction rate at the boundary of o

For a.rigid boundary of the control volume o, the work interaction term
of Eq. (2-9) is due to two effects—the shaft work and flow work rates of A4 at
time . Thus, ~

(WA)I, = W/x + Wﬂow

where Wﬁow = (Pvm)out - (Pvm)in
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from Wi, = pressure force X velocity = PA(V) = P(A dx/dm)(dm/dt) = Pun.

Now 1y, = vy = M, SO
(W), = Wy + 71[(PV) o — (Pv)in] (1ii)
When Egs. (i), (ii), and (iii) are placed in the energy equation for time ¢,

we get

Q - {W/x +m [(Pv)out - (Pv)in]} = m(eout - ein) (lV)
This is the result sought—an equation in terms of quantities evaluated at
the control surface. Some rearrangement of Eq. (iv) will put the equation in a

more conventional form. First we assemble all terms involving #1 on the right
side of the equation:

QO — W, =m(Pv + e)ow — m(Pv + )y, (2-23)

Then we divide by 71 and use the expression e =u + V?/(2g,) + gz/g. to get

2 \ 2
q —-wx=<Pv+u+Y—+g) —(Pv+u.+y-+§*z->
25"(- 8¢/ out 2gc 8¢/ in
where g and w, are heat and shaft work interactions per unit mass flow through
o. In the last equation, the properties u, P, and v appear again in the
arrangement 1 + Pv which we have called enthalpy h. Using h, we obtain the
usual form of the steady flow energy equation

in

2 VZ
q—w_\.=(h +~U_+§§> —<I1+—~+g—z> (2-24)
28. &/ ou 28, &

where all terms have the dimensions of energy per unit mass. If Eq. (2-24) is
multiplied by m, then we get

. , V? Vv?
Q—Wrzrr‘z(h +_+§§> —m(h +—+5§) (2-25)
zgc gc out 2gc gc in
where the dimensions of Q, W., etc., are those of power or energy per unit
time.

Example 2-1. The first step in the application of the steady flow energy equation
is a cleai definition of a control surface ¢. This is so because each term in the
-equation- refers to-a quantity at the boundary of a control volume. Thus, to use
the equation, oné needs only to examine the control surface and identify the
applicable terms of the equation.
In the application of Eq. (2-24) to specific flow situations, many of ‘the
terms are zero or may be neglected. The following example will illustrate this
point.
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mf\-/\ Fuel tank )

| =
n I O, 03
Inlet l Compressor Combustor Turbine Nozzle
! l | I
(2) 3) 4) {5) (e)

(a)

FIGURE 2-124
Control volume for analyzing each component of a turbojet engine.

Consider a turbojet aircraft engine as shown in Fig. 2-12a. We divide the
engine into the control volume regions:

o, inlet o, turbine
0, compressor os: nozzle
o;. combustion chamber

Let us apply the steady flow energy equation to each of these control
volumes. In all cases the potential energy change (g2/g.)ou — (€2/8.)in is zero and
will be ignored.

It is advisable in using the steady flow energy equation to make two
sketches of the applicable control surface o, showing the heat and shaft work
interactions (g, w,) in one sketch and the fluxes of energy [k, V*/(2g.)] in the
second sketch. {The term [ + V?/(2g.)]ou is a flux per unit mass flow of internal
energy u, kinetic energy V?/(2g.), and flow work Pv. We will use the expression
flux of energy to include the flow work flux also.}

a. Inlet and nozzle: o, and os. There are no shaft work interactions at control
surfaces o, and o5. Heat interactions are negligible and may be taken as zero.
Therefore, the steady flow energy equation, as depicted in Fig. 2-12b, for the
inlet or nozzle control surfaces gives the result

V? v?
0=(n+3-) ~(n+5)
28: out 2gr in

Numerical example: Nozzle. Let the gases flowing through the nozzle control
volume o, be perfect with c,g. = 6000 ft*/(sec’ - °R). Determine V, for T =
1800°R, V, =400 ft/sec, and T = 1200°R.
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q= 0, wy= | |
_______ . _————— g
! ! hin —'» L ow
! 01'05 | 0’5 1
! I ( —— ‘_C)
- i 28c/in | 28c /out

Interactions = Net energy flux FIGURE 2-12b
0 _ (h A ) (h LY ) Energy equation applied to
2gc Jout 2gc Jin control volumes v, and os.

Solution. From the steady flow energy equation with 5 and 6 the in and out
stations respectively, we have

he+ Z—é— =hs+ E
2g. 2g.
and Vo=V2g.(hs—he) + Vi=V2,8(Ts— Te) + V3
or = V2(6000)(1800 ~ 1200) + 400°
SO = 2700 ft/sec

b. Compressor and turbine: o, and o,. The heat interactions at control surfaces
o, and o, are negligibly small. Shaft work interactions are present because
each control surface cuts a rotating shaft. The steady flow energy equation for
the compressor or for the turbine is depicted in Fig. 2-12¢ and gives

VZ VZ
(4 7Y (1)
ch out ch in

Numerical example: Compressor and turbine. For an equal mass flowt through
the compressor and turbine of 1851b/sec, determine the compressor power and

Wy < 0 for @, (compressor) (In) (Out)
Wy >0 for O (turbine) | |
——————— b —— e ——
| l hm 1. _Jd houl
: %.q .G
e ( 28c/in M _ ( 28 )out
q=0
Interactions = Net energy flux

FIGURE 2-12¢

P __) ( ) Energy equation applied to
28c Jout 2gc Jin control volumes o, and o,.

—wy

i For a typical turbojet engine, 60 to 30Ibm of air enters for each 11bm of fuel consumed. It is,
therefore, reasonable to assume approximately equal mass flow rates through the compressor and
turbine.
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the turbine exit temperature 7; for the following conditions:

¢, = 6000 ft*/(sec’ - °R)

Compressor Turbine
T, =740°R, T, = 1230°R T,=2170°R, T = ?
V.=V, Va= Vs

Solution. The compressor power W, = (mw,),,, is, with V; = V;,

W, = —rit(hy = hy) = ~rc, (T, — T)
6000(ft/sec)?
32.174 ft - Ibf/(Ibm - sec?)

1hp
550 ft - Ibf/sec

= —(185 Ibm/sec) (1230 — 740)

=—16.9 X 10° ft - Ibf/sec X

= —30,700 hp

The minus sign means the compressor shaft is delivering energy to the air in ¢.

The turbine drives the compressor so that the turbine power W = (W),
is equal in magnitude to the compresser power. Thus W, = ~W,, where, from the
energy equation,

W,=m(h,—hs) and  W.=—r(h;—h,)
Thus me,(Ts — Ty) = —mc,(T, — 1)
and L=T.-(L,-T)
=2170°R — (1230°R — 740°R) = 1680°R = 1220°F

c. Combustion chamber: o;. Let us assume that the fuel and air entering the
combustion chamber mix physically in a mixing zone (Fig. 2-12d) to form what ~
we will call reactants (denoted by subscript R). The reactants then enter a
combustion zone where combustion occurs, forming products of combustion
(subscript P) which leave the combustion chamber. We apply the steady flow
energy equation to combustion zone o¢;. Since the temperature in the
combustion zone is higher than that of the immediate surrcundings, there is a
heat interaction between o and the surroundings which, per unit mass flow of
reactants, is negligibly small (g <0 but ¢ =0). Also the velocities of the
products leaving and of the reactants entering the combustion zone are
approximately equal. There is no shaft work interaction for o;. Hence the
steady flow energy equation, as depicted in Fig. 2-12d, reduces to ‘

hp,=hp,

4

3

We must caution the reader about two points concerning this last equation.
First, we cannot use the relation ¢, AT for computing the enthalpy difference
between two states of a system when the chemical aggregation of the two states
differs. Second, we must measure the enthalpy of each term in the equation
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Mixi : Combusti titp
. ixing 1 “ombustion
Air ———f—» zone 1 zone H
1
' S ——————— ]
(In) (Out)
_______ . L]
: | hg 1, A, By
o, | , | o
: ! Vi Lo —— V}
——————— ! 2g¢ I———————l 2gc
g=0,wr=0 Vo= Vg
Interactions = Net energy flux FIGURE 2-12d
2 2 e .
. ey Vi Energy equation applied to con-
0 = hp+ =~ hp + =R gy eq PP
28¢ /out 28c /in trol volume o5.

relative to the same datum state. To place emphasis on the first point, we have
introduced the additional subscripts R and P to indicate that the chemical
aggregations of states 3 and 4 are different.

To emphasize the second point, we select as our common enthalpy datum a
state d having the chemical aggregation of the products at a datum temperature
T,. Then, introducing the datum state enthalpy (k,), into the last equation above,
we have

hey=he,=hp—he, (2-26)

Equation (2-26) can be used to determine the temperature of the products of
combustion leaving an adiabatic combustor for given inlet conditions. If the
combustor is not adiabatic, Eq. (2-26), adjusted to include the heat interaction
term g on the left-hand side, is applicable. Let us treat the reactants and products
as perfect gases and illustrate the use of Eq. (2-26) in determining the
temperature of the gases at the exit of a turbojet combustion chamber via an
example problem.

Numerical example: Combustion chamber. For the turbojet engine combustion
chamber, 451bm of air enters with each 11lbm of JP-4 (kerosene) fuel. Let us
assume these reactants enter an adiabatic combustor at 1200°R. The heating value
hpr of JP-4 is 18,400 Btu/Ibm of fuel at 298 K. [This is also called the lower
heating value (LHV) of the fuel.] Thus the heat released (AH ).o5¢ by the fuel per
11bm of the products is 400 Btu/lbm (18,400/46) at 298 K. The following data are
known:

c,r=0.267 Btu/(lbm - °R) and ¢,r = 0.240 Btu/(lbm - °R)

Determine the temperature of the products leaving the combustor.
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Solution. A plot of the enthalpy equations of state for the reactants and the
products is given in Fig. 2-13. In the plot the vertical distance hx — h, between the
curves of i and A, at a given temperature represents the enthalpy of combustion
AH of the reactants at that temperature (this is sometimes called the hear of
combustion). In our analysis, we know the enthalpy of combustion at T, =298 K
(536.4°R).

States 3 and 4, depicted in Fig. 2-13, represent the states of the reactants
entering and the products leaving the combustion chamber, respectively. The
datum state d is arbitrarily selected to be products at temperature 7,. State d’ is
the reactants’ state at the datum temperature 7.

In terms of Fig. 2-13, the left-hand side of Eq. (2-26) is the vertical distance
between states 3 and d, or

hg,—hp,=hg,—hg, +hg, —hp,
and since Ahg =c,z AT and hg, —hp,=(AH)7,
then hpy=hp,=cx(T3— T,;) + (AH), i)
Similarly, the right-hand side of Eq. (2-26) is
hey = hp, = oo Ty~ T) (i)

Substituting Eqgs. (i) and (ii) in Eq. (2-26), we get
cor(Ts = To) + (AH) 7, = ¢,p(T, — T.) (2-27)

We can solve this equation for 7}, which is the temperature of the product gases
leaving the combustion chamber. Solving Eq. (2-27) for T, we get

_aa(B-T) + Ay,
- d

T,
Cop
0.240(1200 — 536.4) + 400
= (1200 )+ 40 +536.4
0.267
=2631°R (2171°F)
h
R P
P
v g
(amy,
y FIGURE 2-13
d Enthalpy versus temperature for re-
| | L actants and products treated as per-

T, T T, T fect gases.
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This is the so-called adiabatic flame temperature of the reactants for a 45:1
weight/mixture ratio of air to fuel.

For the analysis in this book, we choose to sidestep the complex
thermochemistry of the combustion process and model it as a simple heating
process. The theory and application of thermochemistry to combustion in jet
engines are covered in many textbooks, such as the classical text by Penner (see
Ref. 13).

29 STEADY FLOW ENTROPY
EQUATION

From the second law of thermodynamics and the definition of entropy, we
have, by Eq. (2-10),

1dQ _dsS
T dt ~ dt

The quantity dQ/dt is a boundary phenomenon for a control volume flow as
well as for a system (control mass). Interpreting, therefore, dQ/dt as the heat
flux through those parts of the control surface impervious to the flow of matter
and using Eq. (2-17) with R = §, we obtain

as, . . _1dQ

— + Sout — Sin =7
da " Sin T dt

(2-10)

(2-28)

where S =ms

This is called the entropy equation for control volume flow; dS,/dt represents
the entropy production rate within the control volume while Sou and S,
represent the entropy flux into and out of the control volume through the
control surface, respectively; dQ/dt is the heat flux through the control surface;
and T is the temperature of the fluid adjacent to the control surface.

Steady Flow
For steady flow, Eq. (2-28) becomes

149
T di

Soul - Sin =

And, for steady and adiabatic flow through a control volume, this reduces to
the statement that the entropy flux out is greater than or equal to the entropy
flux in: ) )

Sout = Sin
For one outlet section (2) and one inlet section (1), this and the continuity

condition yield
S, =8,
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2-19 MOMENTUM EQUATION
Newton’s second law of motion in the form

1.dM
2 Fi= ” _th (2-11)

is a system equation relating the net force on system A to the time rate of
change of the extensive property momentum M.t We can write an equivalent
control volume equation for the second law of motion, using R =M in the
general relation

dRy _dR; .
dl‘ dt out in
1dM, 1 (dMU . _ )
= F,=— = +M t— M;
to get ZFA 2 "o d g\ ou
1 /dM . .
F,=— (——l-!-Mou —Mm) 2-2
or 2 Fr= 7 Mo (2:29)

In words, Eq. (2-29) says that the net force acting on a fixed control volume o
is equal to the time rate of increase of momentum within ¢ plus the net flux of
momentum from o. This is the very important momentum equation. It means
that the sum of the forces acting on a system A at the instant A occupies
control volume o equals the rate of change of momentum in o plus the net flux
of momentum out of . This equation is in fact a wvector equation, which
implies that it must be applied in a specified direction in order to solve for an
unknown quantity.

Applying control volume equations to a steady flow problem gives useful
results with only a knowledge of conditions at the control surface. Nothing
needs to be known about the state of the fluid interior to the control volume.
The following examples illustrate the use of the steady one-dimensional flow
condition and the momentum equation. We suggest that the procedure of
sketching a control surface (and showing the applicabie fluxes through the
surface and the applicable forces acting on the surface) be followed whenever a
control volume equation is used. We illustrate this procedure in the solutions
that follow.

Example 2-2. Water (p =1000kg/m?) is flowing at a steady rate through a
convergent duct as illustrated in Fig. 2-14(a). For the data given in the figure, find
the force of the fluid F,, aciing on the convergent duct D between stations 1 and 2.

tM = [, Vdm for a fluid system A. This reduces to M =mV for a rigid system of mass m.
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/\/ o2
! “‘“h PiALYVy ! 7 P242Va
Vi T J; V2 X ]

Mass flux in = mass flux out

P =137,900 Pa P;=101,325Pa
A1=0.2m? Ap=0.1 m2
Py =p,=1000 kg/m3  V, =6 m/sec

(a) Given data (b) Continuity equation
o o
/\/ Fpo
-~ . -
PrA | == VilpiA Y T~ VaprArVy)
—— | I |
__d P4 i .
L= L —
x forceson o = Net x momentum from ¢
(¢) Momentum equation
FIGURE 2-14

Flow through a convergent duct.
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Solution. We first select the control volume ¢ such that the force of interest is
acting at the control surface. Since we want the force interaction between D and
the flowing water, we choose a control surface coincident with the inner wall
surface of D bounded by the permeable surfaces 1 and 2, as illustrated in Fig.
2-14(a). By applying the steady one-dimensional continuity equation, Eq. (2-21),

as depicted in Fig. 2-14(b), we find V; as follows:
p1A VI = p AV,

Vi=—1, (Plzﬂz)

With V; determined, we can apply the momentum Eq. (2-29) to o and find the
force of the duct walls on o, denoted by Fp, (F,, = Fp,). By symmetry, Fy, is a
horizental force so the horizontal (x) components of forces and momentum fluxes
will be considered. The x forces acting on o are depicted in Fig. 2-14(c) along

with the x momentum fluxes through o.
From Fig. 2-14(c), we have

1
Momentum equation P A, — fp, — PA, =—[(p, A, V)V, — (p1 A V)VY]
g N

And by Fig. 2-14(b),

Continuity equation 1AV, =p,AV,=m
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Cembining the continuity and momentum equations, we obtain

m
FlAl"FDo_PzAzzg(Vz"Vl)

or Fpo = PA, — PA, —;”—(Vz— V)

And with 7 = p, A, V; =1000 kg/m’ X 0.2 m* X 3 m/sec = 600 kg/sec, we have
F,, =137,900 N/m’ X 0.2 m* — 101,325 N/m? X 0.1 m*
— 600 kg/sec X (6 —3) m/sec
or =27,580N — 10,132 N — 1800 N
and =15,648N (acts to left in assumed position)
Finally, the force of the water on the duct is
Fp=—-F,=-15648N (acts to right)
Example 2-3. Figure 2-15 shows the steady flow conditions at sections 1 and 2

about an airfoil mounted in a wind tunnel where the frictional effects at the wall
are negligible. Determine the section drag coefficient C, of this airfoil.

Solution. Since the flow is steady, the continuity equation may be used to find
the unknown velocity Vj as follows:

(pAV) = (pAV), (thatis, ri; = ;)

or p1AV, = Pz('zs‘ Vg + 5 Vo)A,

but pPL=p> and A=A,
Vi :% Vp + % Ve

thus Ve=3V,—3V.=315m/sec

_________________ =
1 Va= 30m/sec 1 V=7

' P 0.1m
|

! —
—— ‘———
o e h

!

I

i

l - o

: @) Wake ——] 0.1 m}Vc =27 m/sec
(

]

|

]

]

0.3 m p——e
SeLEETT e
; P =0.618 kg/m3 = constant =~ -
f——— '—-——-’
I b——-w  [01m
I Vp=7
P e e o e e e e e e o . ——— —— —— '—————-—’
77 Va4 LT 7 e
(1) P1=74,730 Pa (2) Py = 74,700 Pa
Tunnell area = 0.1 m2
Chord =0.15 m
FIGURE 2-18

Wind tunnel drag determination for an Airfoil section.
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14 _ | P, A
——| “F ———d__ I 272
| I4 Dg P
\ - |
ffy— ~- — 1.
e |
Momentum equation sketch XF = Mz -M 1
FIGURE 2-16

Sketch of momentum equation for airfoil section.
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The momentum equation may now be used to find the drag on the airfoil. This
drag force will include both the skin friction and pressure drag. We sketch the
control volume ¢ with the terms of the momentum equation as shown in Fig.

2-16.
Taking forces to right as positive, we have from the sketch above

EFo-ZPle'_PzAz+FDa
Ml =(p1 A V)V, = P1A1V,24

2 2 (1 2
M,=p, gAz Vs +p: gAz Ve

2 1
= PzA2<5 VZB + :,; V%)

Forp=p,=p.and A=A, =A,,
A 2 1
~Fpy = (P~ P)A+E2 (V-2 v S vE)
8. 3 3
or = (74,730 — 74,700)0.1 + 0.618
2 2 2 1 2
x0.|30° - (31.5) - 3 27)

=30N-0.278 N
=2722N - Fpy acts to left

F,, = drag force for section

=~Fp, and F,, acts to left

Fh=-2=" =8.174N
2= T 0333 m fm
4 |12
C,= -2 and q= P where V.=V,
qc 28.
F} 174
C,= L 8 =0.196

[(pV3)/(2g)]c (0.618 X 307/2)0.15
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Example 2-4. Figure 2-17 shows a test stand for determining the thrust of a
liquid-fuel rocket. The propellants enter at section 1 at a mass flow rate of
15 kg/sec, a velocity of 30 m/sec, and a pressure of 0.7 MPa. The inlet pipe for the
propellants is very flexible, and the force it exerts on the rocket is negligible. At
the nozzle exit, section 2, the area is 0.064 m*, and the pressure is 110 kPa. The
force read by the scales is 2700 N, atmospheric pressure is 82.7 kPa, and the flow
is steady. Determine the exhaust velocity at section 2, assuming one-dimensional
flow exists. Mechanical frictional effects may be neglected.

Solution. First, determine the force on the lever by the rocket to develop a
2700 N scale rgading. This may be done by summing moments about the fulcrum
point O [see Fig. 2-18(a)]. Next, draw an external volume around the rocket as
shown below, and indicate the horizontal forces and momentum flux {see Fig.
2-18(b)]-

Gage pressure is used at the exit plane because of the cancellation of
atmospheric pressure forces everywhere except at the exit plane where the
pressure exceeds atmospheric by an amount equal to P, — P.., or P,,. Applying the
momentum equation to the control volume o shown in Fig. 2-18(b), we obtain

1\40u[r
2R ="
8e
1, Vs
Thus Fr “Pngzzmz 2

c

Since the flow is steady, the continuity equation yields ri, = #1, =15 kg/sec.
Therefore,

_ FR - PZgAZ
2=
/g, :
_ 10,800 N — [(110 — 82.7) X 10° N/m?*}(0.064 m*)
15 kg/sec
= 603.5 m/sec

Propeltant m = 15 kg/sec

@

- l —() Rocket |
0.8m [.__/__\/

2700 N

|

|

—— |

—l ~ Combustion P,=110kPa

0.2 m chamber Nozzle ||

| (i~ /\l'
() O Poo=82.7 kPa

/ ’ 7

FIGURE 2-17
Liquid-fuel rocket test setup.
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02m

|

) i‘ 0.2m
i

0

IM,=2700% 0.8- Fpx02=0
- g _ 2700 08 - 10800 N
o Fg i) :

2700 N

(@)

FIGURE 2-18
Moment balance and control
volume o for rocket.

2-11 SUMMARY OF LAWS FOR FLUID
FLOW

Table 2-2 gives a convenient summary of the material covered so far in this
chapter in the form of a tabulation of the mass, emergy, entrcpy, and
momentum equations for a system (control mass) and for control volume flow.
For steady flow, all terms of the control volume equations refer to quantities
evaluated at the control surface (neglecting body forces). Thus, to use the

TABLE 2-2
Summary of laws

Closed system

of mass Control volume flow
. dm am dm, | .
Mass conservation ar =0 i = 7 + Moy — Min
First law of dQ dw _dE - i o= — dE,
thermodynamics dr dt dt Q= W= th(Pv + €)ou = m(Py + €)in ¥ dt
Second law of _ as_1do di’+.§m—$nzld—g
thermodynamics dt T dt dt ow MU T dr
Second law of aM, _aM, .
motion z k= dt z F,= dt + Mou — M
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control volume equations for steady flow, one need only examine the boundary
of the control region and identify the applicable terms of the equations. To
paraphrase Prandtl and Tiejens concerning the theorem of momentum from
their Fundamentals of Hydro and Aeromechanics (Ref. 14):

The undoubted value of the steady flow control volume equations lies in the fact
that their application enables one to obtain results in physical problems from just
a knowledge of the boundary conditions. There is no need to be told anything
about the state of fluid, or the mechanism of the motion, interior to the control
volume.

Needless to say, the first step in analyzing a fluid flow problem is a clear
statement or understanding of the control volume and its surface. In this
respect, note that the mass in the control volume need not be restricted to that
of a flowing fluid. The control volumes of Figs. 2-12a and 2-17 illustrate this
point.

The flows analyzed in this chapter have generally been through volumes
of other than infinitesimal size. The control volume equations apply also to
infinitesimally sized control volumes as long as the fluid is a continuum.
Examples of the use of an infinitesimal control volume will be given in Chap. 3.

The basic laws discussed in this chapter represent a powerful set of
analytical tools which form the starting point in the analysis of any continuum
fluid flow problem. Equations (2-8) through (2-11), or Egs. (2-20), (2-24),
(2-28), and (2-29) plus an equation of state relating the thermodynamic
properties of the substance under consideration will form the basis of all the
analytical work to follow.

Definitions of new quantities may be introduced, but no further fun-
damental laws will be required. Since the relations presented in this chapter
form the starting point of all analytical studies to follow, time spent on the
homework problems of this chapter, which are designed to bring out a basic
understanding of the fundamental equations, will be well invested.

2-12 PERFECT GAS

General Characteristics

The thermodynamic equations of state for a perfect gas are

P=pRT (2-30)

u=u(T) (2-31)

where P is the thermodynamic pressure, p is the density, R is the gas constant,
T is the thermodynamic temperature, and « is the internal energy per unit mass
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and a function of temperature only. The gas constant R is related to the
universal gas constant R, and the molecular weight of the gas M by
R,
R=—
M
Values of the gas constant and molecular weight for typical gases are present-
ed in Table 2-3 in several unit systems; R, = 8.31434kJ/(kmol-K)=

1.98718 Btu/(mol - °R).
From the definition of enthalpy per unit mass 4 of a substance in Eq.

(2-3), this simplifies for a perfect gas to
h=u+RT (2-32)

Equations (2-31) and (2-32) combined show that the enthalpy per unit mass is
also only a function of temperature # = h(T). Differentiating Eq. (2-32) gives

dh =du+ RdT (2-33)

The differentials dh and du in Eq. (2-33) are related to the specific heat at
constant pressure and specific heat at constant volume [see definitions in Egs.
(2-4) and (2-5)], respectively, as follows:

dh=c,dT
du=c,dT

Note that both specific heats can be functions of temperature. These equations
can be integrated from state 1 to state 2 to give

¥

Uy — Uy = f Cy dT (2‘34)
T
5

hy— hy = f ¢, dT (2-35)
T

Substitution of the equations for dh and du into Eq. (2-33) gives the
relationship between specific heats for a perfect gas

¢, =c,+R (2-36)

And v is the ratio of the specific heat at constant pressure to the specific heat
at constant volume, or

(2-6)
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The foilowing relationships result from using Eqgs. (2-36) and (2-6):

R
—=y-1 (2-37)
¢

R _y-1

—=Y—- (2-38)
c, v

The Gibbs equation relates the entropy per unit mass s to the other
thermodynamic properties of a substance. It can be written as

s 24wt Pd(llp) _dh—(1/p)dP

2-3
T T (2-39)
For a perfect gas, the Gibbs equation can be written simply as
dT _d(1/p)
ds=c¢,—+R—= 2-40
e, R (2-40)
dr _dP
ds=c,——R— 2-41
or s=¢ 7 (2-41)

These equations can be integrated between states 1 and 2 to yield the
following expressions for the change in entropy s, — s,:

o dT
52—s1=f c,,—T~+RlnEl (2-42)
T P2
n o dT P,
S;— 8§ = ¢,——Rln—= 2-43
2 1 le P T P3 ( )

If the specific heats are known functions of temperature for a perfect gas, then
Eqgs. (2-34), (2-35), (2-42), and (2-43) can be integrated from a reference state
and tabulated for further use in what are called gas tables.

The equation for the speed of sound in a perfect gas is easily cbtained by
use of Egs. {(2-7) and (2-30) to give

a=VyRg.T (2-44)
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Calerically Perfect Gas

A calorically perfect gas is a perfect gas with constant specific heats (¢, and c,).
In this case, the expressions for changes in internal energy u, enthalpy A, and
entropy s simplify to the following:

u, —ur=c(L~ 1) (2-45)

hy=hi=¢,(h, - Th) (2-46)
T

s,—si=c,In=2-RIn22 (2-47)
L P1
T, P,

52— 81=¢p lnf—RlnF1 (2-48)

Equations (2-47) and (2-48) can be rearranged to give the following equations
for the temperature ratio T,/ T;:

T, <P2>R/c” S — 8
— == exp

Ti P1 Cy
L <P2)R/C” X 2781
2 (22 e
5 \n/ P
From Egs. (2-37) and (2-38), these expressions become
) <p2)7‘1 S2 =81
—=|= 2-49
T \p P (2:49)
T <P2 (y=1y Sy =8
=== 2-50
2=(7) e (2-50)

Isentropic Process

For an isentropic process (s, =s;), Eqgs. (2-49), (2-50), and (2-30) yield the
following equations:

T, P\ —Dy

7=(%) @S
1 1

1, P2 vt 7

7= () (#32)
1 1

P Y

I-Jj— = <§f—) (2-53)




THERMODYNAMICS REVIEW . 101

Note that Egs. (2-51), (2-52), and (2-53) apply only to a caloricaily
perfect gas undergoing an isentropic process.

Example 2-5. Air initially at 20°C and 1atm is compressed reversibly and
adiabatically to a final pressure of 15 atm. Find the final temperature.

Solution. Since the process is isentropic from initial to final state, Eq. (2-51) can
be used to solve for the final temperature. The ratio of specific heats for air is 1.4.

Pz 15 0.4/1.4
R 1)
=1293.15 X 2.1678 = 635.49 K (362.34°C)

(r—Dly
’1“2=T1< ) =(20+273.15)(

Example 2-6. Air is expanded isentropically through a nozzle from 7; = 3000°R,
V,=0, and P,=10atm to V,=3000ft/sec. Find the exit temperature and
pressure.

Solution. Application of the first law of thermodynamics to the nozzle gives the
following for a calorically perfect gas:

| % V2
CPTI+E§;=CPTZ+2_gC

This equation can be rearranged to give T;:

VZ — VZ 2
= =3000 — 200
28.¢, 2% 32.174 % 186.76

= 3000 — 748.9 =2251.1°R

L=T -

Solving Eq. (2-51) for P, gives

Tz)“//(“r*l)

(2251.1
1

3.5
10 —> =3.66 atm

P2=P1< 3000

Mollier Diagram for a Perfect Gas

The Mollier diagram is a thermodynamic state diagram with the coordinates of
enthalpy and entropy s. Since the enthalpy of a perfect gas depends upon
temperature alone,

dh =c, dT

temperature can replace enthalpy as the coordinate of a Mollier diagram for a
perfect gas. When temperature 7 and entropy s are the coordinates of a
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Mollier diagram, we call it a T-s diagram. We can construct lines of constant
pressure and density in the 7-s diagram by using Eqs. (2-42) and (2-43). For a
calorically perfect gas, Eqs. (2-47) and (2-48) can be written between any state
and the entropy reference state (s =0) as

T
s=c¢c,In——R ln—£~
ref Pret
T P
s=c¢c,In——RIn—
ref Prcf

where T, P, and p,. are the values of temperature, pressure, and density,
respectively, when s = 0. Since the most common working fluid in gas turbine
engines is air, Fig. 2-19 was constructed for air by using the above equations
with these data:

¢, =1.004kJ/(kg - K) T.s=2882K Prer = 1.225 kg/m®
R=0.286kJ/(kg-K) P =1atm=101,325Pa
2000 . -
Nl
<%
Y
1600
<
g 1200
[_‘
800
400
0 1 L I i 1
0 C.4 0.8 1.2 1.6 2
Entropy [kJ/(kg * K)]
FIGURE 2-19

A T-s diagram for air as a calorically perfect gas.
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Mixtures of Perfect Gases

We consider a mixture of perfect gases, each obeying the perfect gas equation
PV =NR,T

where N is the number of moles and R, is the universal gas constant. The
mixture is idealized as independent perfect gases, each having the temperature
T and occupying the volume V. The partial pressure of gas i is

T
P,=NR,=
v

According to the Gibbs-Dalton law, the pressure of the gas mixture of n
constituents is the sum of the partial pressures of each constituent:

P=3F (2-54)

i=1

The total number of moles N of the gas is
N=3 N, (2-55)

i=1

The ratio of the number of moles of constituent / to the total number ‘of
moles in the mixture is called the mole fraction y; By using the above
equations, the mole fraction of constituent i.can be shown to equal the ratic of
the partial pressure of constituent i to the pressure of the mixture:

go==t (2-56)

The Gibbs-Dalton law also states that the internal energy, enthalpy, and
entropy of a mixture are equal, respectively, to the sum of the internal
energies, the enthalpies, and the entropies of the constituents when each alone
occupies the volume of the mixture at the mixture temperature. Thus we can
write for a mixture of n constituents:

Energy U= U= mu, (2-57)
i=1 i=1

Enthalpy H=> H,= mh; (2-58)
i=1 i=1

Entropy S=> 8= ms (2-59)
i=1 i=1 A

where m; is the mass of constituent .
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The specific heats of the mixture follow directly the definitions of ¢, and
¢, and the above equations. For a mixture of »n constituents, the specific heats
are

n
2 m;Cpi 2 mc,;
i=1 =1

and ¢, = (2-60)

C b1
P m m

where m is the total mass of the mixture.

(as Tables

In the case of a perfect gas with nonconstant specific heats, the variation of the
specific heat at constant pressure ¢, is normally modeled by several terms of a
power series in temperature 7. This expression is used in conjunction with the
general equations presented above and the new equations that are developed
below to generate a gas table for a particular gas (see Ref. 15).

For convenience, we define

T
h Ef ¢, dT (2-61)
Tiet
T dr
= — 2-62)
¢ J‘Tmr CP T ( 62;
P.=exp ¢~ o (2-63)
R
1 (" dT
v, = exp(— R Lﬂ Cy 7) (2-64)

where P, and v, are called the reduced pressure and reduced volume,
respectively. Using the definition of ¢ from Eq. (2-62) in Eq. (2-43) gives

P .
Sz’slzd’z_(ll’]"RlnF2 (2-65)
B!

For an isentropic process between states 1 and 2, Eq. (2-65) reduces to

Py
_ =RIln—=
br— by UPI
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which can be rewritten as

<&> — ex $2— é1_exp(¢a/R)
Pl s=const P R exp(d)l/R)

Using Eq. (2-63), we can express this pressure ratio in terms of the reduced
pressure P, as

4% P,
— =— 2-66
<P1 s=const Prl ( )
Likewise, it can be shown that
(Eﬂ =1z (2-67)
V1/s=const Upp

For a perfect gas, the properties A, P,, u, v,, and ¢ are functions of T,
and these can be calculated by starting with a polynomial for c,. Say we have
the seventh-order polynomial

cp=Ag+ AT + A T? + AT’ + AT+ AsT® + A, TC.+ A, T7 (2-68)

The equations for 4 and ¢ as functions of temperature follow directly from
using Egs. (2-61) and (2-62):

Al Az A3 A4 AS, A6 A7
h=he+ AT+ T+ T+ T+ T+ =T+ =T+ —T° (269
A A; . A Az A A
¢=d)ref+A01nT+A1T+—52'T2+?DTJ+?4T4+?5T5+?6T6+77T7

(2-70)

After we define reference values, the variations of P, and v, follow from Egs.
(2-63), (2-64), and the above.

Appendix D

Typically, air flows through the inlet and compressor of the gas turbine engine
whereas products of combustion flow through the engine components down-
stream of a combustion process. Most gas turbine engines use hydrocarbon
fuels of composition (CH,),. We can use the above equations to estimate the
properties of these gases, given the ratio of the mass of fuel burned to the mass
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mass of air. For convenience, we use the fuel/air ratio f, defined as

_ mass of fu-el 2-71)
mass of air

The maximum value of f is 0.0676 for the hydrocarbon fuels of composition
(CHZ)n'

Given the values of c¢,, A, and ¢ for air and the values of combustion
products, the values of ¢,, 4, and ¢ for the mixture follow directly from the
mixture equations [Egs. (2-57) through (2-60)] and are given by

~ 1.9857117 But/(Ibm - °R)

28.97 — f x 0.946186 (2-72a)
% =£”*—1+%f’p—g (2-72b)
g J‘“ith‘ (2720)
¢= iﬁ”;f—(ﬁf‘m (2-72d)

Appendix D is a table of the properties & and P, as functions of the
temperature and fuel/air ratio f for air and combustion products [air with
hydrocarbon fuels of composition (CH,), ] at low pressure (perfect gas). These
data are based on the above equations and the constants given in Table 2-4,
which are valid over the temperature range of 300 to 4000°R. These constants
come from the gas turbine engine modeling work of Capt. John S. McKinney

TABLE 24
Constants for air and combustion products used in App. D and

program _AFPROP (Ref. 16)

Combustion products of

Air alone air and (CH,),, fuels

A, 2.5020051 X 107" A, 7.3816638 X 1072

A, —5.1536879 x107° A, 1.2258630 X 1073

A, 6.5519486 x 107° A,  —1.3771901x107¢

As;  —6.7178376 x 10712 A, 9.9686793 x 10~1°
A,  —1.5128259x 1074 A, —4.2051104x 1077
A 7.6215767 X 107'# As 1.0212913 x 1071¢
Ag 14526770 x 107 As  —1.3335668 x 107%°
A, 1.0115540 X 107 A, 7.2678710 X 107
M  —1.7558886 But/Ibm h..  30.58153 But/lbm

brer  0.0454323 But/(Ibm - °R) b.c  0.6483398 But/(ibm - °R)
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(U.S. Air Force) while assigned to the Air Force’s Aerc Propulsion Laboratory
(Ref. 16), and they continue to be widely used in the industry. Appendix D
uses a reference value of 2 for P, at 606°R and f = 0.

Computer Program AFPROP

The computer program AFPROP was written by using the above constants for
air and products of combustion from air with (CH,),. The program can
calculate the four primary thermodynamic properties at a state (P, T, A, and s)
given the fuel/air ratio f and two independent thermodynamic properties (say,
P and h).

To show the use of the gas tables, we will resolve Examples 2-5 and 2-6,
using the gas tables of App. D. These problems could also be solved by using
the computer program AFPROP.

Example 2-7. Air initially at 100°F and 1atm is compressed reversibly and
adiabatically to a final pressure of 15 atm. Find the final temperature.

Solution. Since the process is isentropic from initial to final state, Eq. (2-66) can
be used to solve for the final reduced pressure. From App. D at 20°C (293.15 K)
and f =0, P, =1.2768 and
L2 B
£, P
P, =15x1.2768 = 19.152

15

From App. D for P, =19.152, the final temperature is 354.42°C (627.57 K). This
is 7.9K lower than the result obtained in Example 2-5 for air as a calorically
perfect gas.

Example 2-8. Air is expanded isentropically through a nozzle from 7; = 3000°R,
V=0, and P =10atm to V,=3000ft/sec. Find the exit temperature and
pressure.

Solution. Application of the first law of thermodyanics to the nozzle gives the
following for a calorically perfect gas:

Vi, Vi

28. 28c

From App. D at f=0 and T, =3000°R, h,=790.46 Btu/lbm and P, = 938.6.
Solving the above equation for &, gives

VZ _ V2 2
2" 1_790.46 — 3000
: 2% 32.174 X 778.16
=790.46 — 179.74 = 610.72 But/lbm

hzzhx_
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FIGURES P2-1 and P2-2

For h =610.72 Btu/lom and f =0, App. D gives T,=2377.7°R and P,, = 352.6.
Using Eq. (2-66), we solve for the exit pressure

p P2 352.6
P=P =
- P1 10(038 6

) 3.757 atm

These results for temperature and pressure at station 2 are higher by 126.6°R id‘
0.097 atm, respectively, than those obtained in Example 2-f for aire= a r‘alorlcalfy
perfect gas.

PROBLEMS

2-1.

2-2.

2-3.

A stream of air with velocity of 500 ft/sec and density of 0.07 Ibm/ft* strikes a
stationary plate and is deflected 90°. Select an appropriate control volume and
determine the force F, necessary to hold the plate stationary. Assume that
atmospheric pressure surrounds the jet and that the initial jet diameter is 1.0 in.

An airstream with density of 1.25kg/m> and velocity of 200m/sec strikes a
stationary plate and is deflected 90°. Select an appropriate control volume and
determine the force F, necessary to hold the plate stationary. Assume that
atmospheric pressure surrounds the jet and that the initial jet diameter is 1.0 cm.
Consider the flow shown in Fig. P2-3 of an incompressible fluid. The fluid enters
(station 1) a constant-area circular pipe of radius r, with uniform velocity V; 'nd
pressure P;. The fluid leaves (station 2) with the parabolic velocity profile V, given

by
y 2
s i-(2]
Yo

- F Vy= Vimax [ 1 - (%)7]

o

P P, =
. 2

1

FIGURE P2-3
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K
' :
kg .
v; Streamlines
5 /

and uniform pressure F,. Using the conservation of mass and momentum
equations, show that the force F necessary to hold the pipe in place can be
expressed as

FIGURE P24

pV?)

F= 7z:r§(P1 - P+
38.

2-4. Consider the flow of an incompressible fluid through a two-dimensional cascade
as shown in Fig. P2-4. The airfoils are spaced at a distance s and have unit depth
into the page. Application of the conservation of mass requires V,cos ;=
V, cos B..

a. From the tangential momentum equation, show that

Fe=§(minﬁ,-—usinﬁe)

b. From the axial momentum equation, show that
F.=s(P.- P)

¢. Show that the axial force can be written as
E =L (visin' g, - Visin )~ (B~ P
gC

2-5. When a free jet is deflected by a blade surface, a change of momentum occurs and
a force is exerted on the blade. If the blade is allowed to move at a velocity,
power may be derived from the moving blade. This is the basic principle of the
impulse turbine. The jet of Fig. P2-5, which is initially horizontal, is deflected by a
fixed blade. Assuming the same pressure surrounds the jet, show that the

FIGURE P2-5
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FX
S
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U
T
1500 lbm/sec I 250 Ibm/sec
> Core ——
450 fu/sec 1200 fi/sec
1250 lbm/sec
890 ft/sec FIGURE P2-6

2-6.

2-7.

2-8.

2.9,

horizontal () and vertical forces (F,) by the fluid on the blade are given by

xzn'z(ul—uz cos B) and F;zn'mz sin 8
& 8

Calculate the force F, for a mass flow rate of 100 ibm/sec, u; = u, = 2000 ft/sec,
and B = 60°.
One method of reducing an aircarfi’s landing distance is through the use of thrust
reversers. Consider the turbofan engine in Fig. P2-6 with thrust reverser of the
bypass airstream. It is given that 1500 lbm/sec of air at 60°F and 14.7 psia enters
the engine at a velocity of 450 ft/sec and that 1250 Ibm/sec of bypass air leaves
the engine at 60° to the horizontal, velocity of 890ft/sec, and pressure of
14.7 psia. The remaining 250 lbm/sec leaves the engine core at a velocity of
1200 ft/sec and pressure of 14.7 psia. Determine the force on the strut F,. Assume
the outside of the engine sees a pressure of 14.7 psia.
Air with a density of 0.027 Ibm/ft’ enters a diffuser at a velocity of 2470 ft/sec and
a static pressure of 4 psia. The air leaves the diffuser at a velocity of 300 ft/sec and
a static pressure of 66 psia. The entrance area of the diffuser is 1.5 ft°, and its exit
area is 1.7 ft*. Determine the magnitude and direction of the strut force necessary
to hold the diffuser stationary when this diffuser is operated in an atmospheric
pressure of 4 psia.
It is given that 50 kg/sec of air enters a diffuser at a velocity of 750 m/sec and a
static pressure of 20 kPa. The air leaves the diffuser at a veiocity of 90 m/sec and
a static pressure of 330 kPa. The entrance area of the diffuser is 0.25 m?, and its
exit area is 0.28 m’>. Determine the magnitude and direction of the strut force
necessary to hold the diffuser stationary when this diffuser is operated in an
atmospheric pressure of 20 kPa.
It is given that 100 lbm/sec of air enters a nozzle at a velocity of 600 ft/sec and a
static pressure of 70 psia. The air leaves the nozzle at a velocity of 4000 ft/sec and
static pressure of 2 psia. The entrance area of the nozzle is 14.5 ft*, and its exit

I lStrut

e Diffuser —_—

L - FIGURES P2-7 and 2-8
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Strut

Nozzie —

2-10.

2-11.

2-12

2-13

2-14.

2-15

2-16

2-17

.

2-18.

FIGURES P2-9 and 2-10

area is 30 ft*>. Determine the magnitude and direction of the strut force necessary

to hold the nozzle stationary when this nozzle is operated in an atmospheric

pressure of 4 psia.

Air with a density of 0.98 kg/m’ enters a nozzle at a velocity of 180 m/sec and a

static pressure of 350 kPa. The air leaves the nozzle at a velocity of 1200 m/sec

and a static pressure of 10 kPa. The entrance area of the nozzle is 1.0 m?, and its

exit area is 2.07 m’. Determine the magnitude and direction of the strut force

necessary to hold the nozzle stationary when this nozzle is operated in an

atmospheric pressure of 10 kPa.

For a calorically perfect gas, show that P + pV*/g. can be written as P(1 + yM?).

Note that the Mach number M is defined as the velocity ¥V divided by the speed of

sound a.

Air at 1400K, 8 atm, and 0.3 Mach expands isentropically through a nozzle to

1 atm. Assuming a calorically perfect gas, find the exit temperature and the inlet

and exit areas for a mass flow rate of 100 kg/sec.

It is given that 250 lbm/sec of air at 2000°F, 10 atm, and 0.2 Mach expands

isentropically through a nozzle to 1 atm. Assuming a calorically perfect gas, find

the exit temperature and the inlet and exit areas.

Air at 518.7°R is isentropically compressed from 1 tc 10atm. Assuming a

calorically perfect gas, determine the exit temperature and the compressor’s input

power for a mass flow rate of 150 Ibm/sec.

It is given that 50 kg/sec of air at 288.2K is isentropically compressed from 1 to

12 atm. Assuming a calorically perfect gas, determine the exit temperature and

the compressor’s input power.

Air at —-55°F, 4 psia, and M = 2.5 enters an isentropic diffuser with an inlet area

of 1.5 ft* and leaves at M = 0.2. Assuming a calorically perfect gas, determine:

a. The mass flow rate of the entering air

b. The pressure and temperature of the leaving air

c. The exit area and magnitude and direction of the force on the diffuser (assume
outside of diffuser sees 4 psia)

Air at 225K, 28 kPa, and M = 2.0 enters an isentropic diffuser with an inlet area

of 0.2 m* and leaves at M =0.2. Assuming a calorically perfect gas, determine:

a. The mass flow rate of the entering air

b. The pressure and temperature of the leaving air

c. The exit area and magnitude and direction of the force on the diffuser (assume
outside of diffuser sees 28 kPa)

Air at 1800°F, 40 psia, and M = (0.4 enters an isentropic nozzle with an inlet area

of 1.45 ft* and leaves at 10 psia. Assuming a calorically perfect gas, determine:

a. The velocity and mass flow rate of the entering air
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2-21.

2-22,
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2-24.

2-25.

2-26.

2-27.

GAS TURBINE

b. The temperature and Mach number of the leaving air

¢. The exit area and magnitude and direction of the force on the nozzle (assume
outside of nozzle sees 10 psia)

Air at 1500 K, 300 kPa, and M = 0.3 enters an isentropic nozzle with ~= inlet area

of 0.5 m? and leaves at 75 kPa. Assuming a calorically perfect gas, de ermine:

a. The velocity and mass flow rate of the entering air

b. The temperature and Mach number of the leaving air

¢. The exit area and magnitude and direction of the force on the nozzle (assume
outside of nozzle sees 75 kPa)

It is given that 100 Ib/sec of air enters a steady flow compressor at 1 atm and 68°F.

It leaves at 20 atm and 800°F. If the process is adiabatic, find the input power,

specific volume at exit, and change in entropy. Is the process reversible? (Assume

a calorically perfect gas.)

It is given that 50 kg/sec of air enters a steady flow compressor at 1 atm and 20°C.

It leaves at 20 atm and 427°C. If the process is adiabatic, find the input power,

specific volume at exit, and change in entropy. Is the process reversible? (Assume

a calorically perfect gas.)

It is given that 200 Ib/sec of air enters a steady flow turbine at 20 atm and 3400°R.

It leaves at 10atm. For a turbine efficiency cf 85 percent, determine the exit

temperature, output power, and change in entropy. (Assume a calorically perfect

gas.)

It is given that 80 kg/sec of air enters a steady flow turbine at 30 atm and 2000 K.

It leaves at 15 atm. For a turbine efficiency of 85 percent, determine the exit

temperature, output power, and change in entropy. (Assume a calorically perfect

gas.)

Air at 140°F, 300 psia, and 300 ft/sec enters a long insulated pipe of uniform

diameter. At the exit, the pressure has dropped to 102.9 psia. Assuming a

calorically perfect gas, determine:

a. The temperature and velocity at the exit [Hint: Since both the mass flow rate
and the area are constant for this problem, pV is constant. Also, from the first
law of thermodynamics, c,T + V?/(2g,) is constant. Using the first law of
thermodynamics, substitute for the exit velocity and solve for the exit
temperature.]

b. The change in entropy

Air at 300K, 20atm, and 70 m/sec enters a long insulated pipe of uniform

diameter. At the exit, the pressure has dropped to 6.46 atm. Assuming a

calorically perfect gas, determine:

a. The temperature and velocity at the exit [Hint: Since both the mass flow rate
and the area are constant for this problem, pV is constant. Also, from the first
law of thermodynamics, c,T + V?/(2g.) is constant. Using the first law of
thermodynamics, substititue for the exit velocity and solve for the exit
temperature.]

b. The change in entropy

Rework Prob. 2-13 for variable specific heats, using App. D or the program

AFPROP. Compare your results to Prob. 2-13.

Rework Prob. 2-15 for variable specific heats, using App. D or the program
AFPROP. Compare your resuits to Prob. 2-15.
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2-28. Rework Prob. 2-16 fcr variable specific heats, using App. D or the program
AFPROP. Compare your results to Prob. 2-16.

2-29. Rework Prob. 2-19 for variable specific heats, using App. D or the program
AFPROP. Compare your results to Prob. 2-19.

2-30. Rework Prob. 2-20 for variable specific heats, using App. D or the program
AFPROP. Compare your results to Prob. 2-20.

2-31. Rework Prob. 2-23 for variable specific heats, using App. D or the program
AFPROP. Compare your results to Prob. 2-23.



CHAPTER

3

COMPRESSIBLE
FLOW

3-1 INTRODUCTION

For a simple compressible system, we learned that the state of a unit mass of
gas is fixed by two independent intensive properties such as pressure and
temperature. To fully describe the condition and thus fix the state of this same
gas when it is in motion requires the specification of a further property which
will fix the speed of the gas. Thus three independent intensive properties are
required to fully specify the state of a gas in motion.

At any given point in a compressible fluid flow field, the thermodynamic
state of the gas is fixed by specifying, at that point, the velocity of the gas and
any two independent properties such as pressure and temperature. However,
we find that to specify the velocity directly is not always the most useful or the
most convenient way to describe one-dimensional flow. There are other
properties of the gas in motion which are dependent upon the speed of the gas
and which may be used in place of the speed to describe the state of the
flowing gas. Some of these properties are the Mach number, total pressure, and
total temperature. In this chapter we define these properties and describe
briefly some of the characteristics of compressible flow.

3-2 COMPRESSIBLE FLOW PROPERTIES
Total Enthalpy and Total Temperature
The steady flow energy equation in the absence of gravity effects is

V2 V2
q——wx=(h+—) —<h+——)
2gc out zgc in

114
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For a calorically perfect gas this becomes

V2 V2
el r5) ol )
zgcCp out 2gccp in
The quantities & + V?/(2g.) and T + V?/(2g.c,) in these equations are called
the stagnation or total enthalpy h, and the stagnation or total temperature T,,
respectively. Thus

2
Total enthalpy h,=h+ Zg: (3-1)
VZ
Total temperature =T+ (3-2)
2g.c,

The temperature T is sometimes called the static temperature to distinguish it
from the total temperature 7;. When V =0, the static and total temperatures
are identical. From the definitions above, it follows that, for a calorically
perfect gas,

Ah,=c, AT,

Using these new definitions, we see that the steady flow energy equation
in the absence of gravity effects becomes

g —w,= htout - htin (3—3)
or, for a calorically perfect gas,
q— W, = Cp(Ttout - Ttin) (3_4)

If g—w,=0, we see from (3-3) and (3-4) that h,,, = h,;, and that, for a
calorically perfect gas, T;ou = Tyin-

Consider an airplane in flight at a velocity V,. To an cbserver riding with
the airplane, the airflow about the wing of the plane appears as in Fig. 3-1. We
mark out a control volume ¢ as shown in the figure between a station far
upstream from the wing and a station just adjacent to the wing’s leading edge
stagnation point, where the velocity of the airstream is reduced to a negligibly
small magnitude. Applying the steady flow energy equation to the flow through
o of Fig. 3-1, we have

0
V2 V2
N e
8c/1 “8c’2
V2
or O=c, 71— <T+ )
T — ¢, 28.0):
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Stagnation point

Streamlines

Coincident with
streamlines

- . .
Stagnation point

-

(b) Enlarged view of flow in the neighborhood of the stagnation point

FIGURE 3-1
Control volume s with free stream inlet and stagnation exit conditions (reference system at rest
relative to wing).

From this equation, we find that the temperature of the air at the
stagnation point of the wing is

V2
h=T+;—"—=T,
8cCp

Thus we see that the temperature, which the leading edge of the wing “feels,”
is the total temperature 7,.

At high flight speeds, the free stream total temperature 7,, is significantly
different from the free stream ambient temperature T,. This is illustrated in
Fig. 3-2 where T,, — T, is plotted against V, by using the relation

vZoov? V,\2
a_ _ a_ a OR
2g.c, 12,000 <110>

(Tz:_ T)a =

with V, expressed in feet per second.

Since the speed of sound at 25,000 ft is 1000 ft/sec, a Mach number scale
for 25,000 ft is easily obtained by dividing the scale for V, in Fig. 3-2 by 1000.
(Mach number M equals V, divided by the local speed of sound.) Therefore,
Mach number scales are also given on the graphs.

Referring to Fig. 3-2, we find that at a fiight speed of 8000 ft/sec
corresponding to a Mach number of 0.8 at 25,000-ft altitude, the stagnation
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FIGURE 3-2

Total temperature minus ambient temperature versus flight speed and versus flight Mach number
at 25,000ft. [g.c, is assumed constant at 6000 ft?/(sec? - °R). Therefore these are approximate
curves.]

points on an airplane experience a temperature wnich is about 50°R higher
than ambient temperature. At 3300 ft/sec (M =3.3 at 25,000 ft), the total
temperature is 900°R higher than ambient! It should be evident from these
numbers that vehicles such as the X-15 airplane and reentry bodies experience
high temperatures at their high flight speeds.

These high temperatures are produced as the kinetic energy of the air
impinging on the surfaces of a vehicle is reduced and the enthalpy (hence,
temperature) of the air is increased a like amount. This follows directly from
the steady flow energy equation which gives, with g =w, =0,

V2 2
(h+o) =(n+5-)
2gc in 2gc out

V2
Ah = c, AT = —A(-——)
28,

or

and AV?
" AT= -
28:Cp
Thus a decrease in the kinetic energy of air produces a rise in the air

temperature and a consequent heat interaction between the air and the
surfaces of an air vehicle. This heat interaction effect is referred to as

aerodynamic heating.
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Combustion | ]

chamber —+—> V=0 e Vo= 7

P, =120 psia P, =150 psia FIGURE 3-3
T, = 1600°R T,=1? Rocket exhaust nozzle.

Example 3-1. The gas in a rocket combustion chamber is at 120 psia and 1600°R
(Fig. 3-3). The gas expands through an adiabatic frictionless (isentropic) nozzle
to 15 psia. What are the temperature and velocity of the gas leaving the nozzle?
Treat the gas as the calorically perfect gas air with y=14 and g.c,=
6000 ft*/(sec” - °R).

Solution. Locate the state of the combustion chamber gas entering control
volume o on a T-s diagram like Fig. 2-19 in the manner depicted in Fig. 3-4.
Then, from the diagram, find s,. Since the process is isentropic, s, =s,. The
entropy at 2, along with the known value of P, fixes the static state of 2. With 2
located in the T-s diagram, we can read 7, from the temperature scale as 885°R,
and we can verify this graphical solution for 7, by using the isentropic relation
(2-51) with y =1.4. Thus 7, = (1600°R)(15/120)*%*° = 885°R (checks).

If, in addition to P, and T,, the total temperature 7, of the flowing gas at 2

Py=(120psia)

A
(1600°R) T, |- — |
V% —f—» hy
—2 i
2g.c, ! 2
(885°R) T, — “‘L’: —sz—
|
| v -
1 0= hyt —= -k
5= 52 28,
by =hy = hy
T,=Ty=T,
2
v -
L =Tp-T)
ZgECp

FIGURE 3-4
Process plot for example rocket nozzle.
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is known, then the state of the gas at 2 is completely fixed. For with P and T,
specified, the values of all thermodynamic properties independent of speed (the
static properties) are fixed, and the speed of the gas is determined by 7. and T,.
From the steady flow energy equation (Fig. 3-4), we find that T, =7, = T,
and, hence, V, from the relation
Vi
Zchp

=T.—-T,

We see from this equation that the vertical distance 7, ~ T, in the T-s diagram is
indicative of the speed of the gas at 2, which is V3 = 2(6000)(1600 — 885)ft*/sec’.
Thus V, = 2930 ft/sec.

The series of states through which the gas progresses in the nozzle as it
flows from the combustion chamber (nozzle inlet) to the nozzle exit is represented
by path line « in the T-s diagram. The speed of the gas at any intermediate state
y in the nozzle is represented by the vertical distance on the path line from 1 to
the state in question. This follows from the relations

V2
zgrcp

I,=T and zj:y_];':Tl_T;

Stagnation or Total Pressure

In the adiabatic, no-shaft-work slowing of a flowing perfect gas to zero speed,
the gas attains the same final stagnation temperature whether it is brought to
rest through frictional effects (irreversible) or without them (reversible). This
follows from the energy control volume equation applied to o of Fig. 3-5 for a
calorically perfect gas. Thus, from

VZ-y?
q-wx:Cp(Y}—E)+—-yrl

c

FIGURE 3-5
Definition of total pressure.
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with g =w, =0 and V, =0, T, becomes

T,=Th=T+ Vi (3-5)
y 0 1 chcp

Since the energy control volume equation is valid for frictional or frictionless

flow, T, = T, is constant and independent of the degree of friction between 1
and y as long as g =w, =V, =0.

Although the gas attains the same final temperature 7; in reversible or
irreversible * processes, its final pressure will vary with the degree of
- irreversibility associated with the slowing down process. The entropy state and
control volume equations for the flow through o are

T, P,
cpln}—:—Rln—é=sy—s120 (3-6)

Since T, = T, = constant from Eq. (3-5), the final value of P, depends upon the
entropy increase s, —s;, which in turn is a measure of the degree of
irreversibility between 1 and y.

When the slowing dcwn process between 1 and y is reversible, with
s, —s, =0, the final pressure is defined as the total pressure F; the final state is
called the total state t; of the static state 1. Using this definition of total
pressure, we have, from Eq. (2-51),

{ P,EP<§>7/(Y_I) : (3.7)

These ideas are illustrated in the T-s diagram of Fig. 3-5. Let us imagine
the flowing gas at station 1 to be brought to rest adiabatically with no shaft
work by means of a duct diverging to an extremely large area at station y,
where the flow velocity is zero. If the diverging duct is frictionless, then the
slowing down process from 1 to y is isentropic with the path line «, in the T-s
diagram of the figure. If the diverging duct is frictional, then the slowing
down process «rom 1 to y is irreversible and adiabatic (s,; >s,) to satisfy the
entropy control volume equation for adiabatic flow and is shown as the path
line a; in the T-s diagram.

The total pressure of a flowing gas is defined as the pressure obtained
when the gas is brought to rest isentropically. Thus the pressure corresponding
to state y, of the T-s diagram is the total pressure of the gas in state 1. The
state point y, is called the total or stagnation state t, of the static point 1.

The concepts of total pressure and total temperature are very useful, for
these two properties along with the third property (pressure) of a flowing gas
~are readily measured, and they fix the state of the flowing gas. We measure
these three properties in flight with pitot-static and total temperature probes
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FIGURE 3-6

Entropy change in terms of the stagnation properties 7, and 7,.

on modern high-speed airplanes, and these properties are used to determine
speed and Mach number and to provide other data for many aircraft
subsystems.

Consider a gas flowing in a duct in which P and 7 may change due to heat
interaction and friction effects. The flow total state points ¢, and ¢, and the
static state points 1 and 2, each of which corresponds to flow stations 1 and 2,
are located in the T-s diagram of Fig. 3-6. By definition, the entropy of the
total state at any given point in a gas flow has the same value as the entropy of
the static state properties at that point. Therefore, s,, =s; and 5., = s,.

From the entropy equation of state of a perfect gas, the entropy change
between 1 and 2 is

5 P,
$—81=¢,In>—Rln—=
i 1

The entropy change between total state points ¢, and ¢, is

7t2 Pt2
Sp—Sn=c¢,In——RIn— 3-8
S2 = S =¢p In 3 n 3 (3-8)

Since s,; =, and s,, = s,, we have
S =S =827 8

Therefore, the change of entropy between two states of a flowing gas can be
determined by using total properties in place of static properties.

Eguation (3-8) indicates that in an adiabatic and no-shaft-work constant-
T, flow (such as exists in an airplane engine inlet or flow through a shock
wave), we have
Py

1

$;—5,=—RIn
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By virtue of this equation and the entropy control volume equation for
adiabatic flow, s, — s, = 0. Thus, in a constant-T, flow,

5_2_<1

11

Hence the total pressure of air passing through an engine inlet or a shock wave
cannot increase and must, in fact, decrease because of the irreversible effects of
friction.

T/T, and P/P. as Functions of Mach Number

The speed of sound a in a perfect gas is given by
a=Vvyg.RT

Using this relation for the speed of sound, we can write the Mach number in
the following form:

2 v
v8.RT

With the help of this expression for the Mach number, we can obtain many
useful relations that give gas flow property ratios in terms of the flow Mach
number alone. Two such relations for 7/7, and P/P, are

To(1+ ) l (3-9)

P -1 —y/(y—1)
5= (1 + 7—2~M2) (3-10)

Equations (3-9) and (3-10) appear graphically in Fig. 3-7 and are
tabulated in App. E for y values of 1.4 and 1.3. These equations show that for
each free stream Mach number (hence, for each flight Mach number of an
airplane), the ratios P/P, and T/T, have unique values.

Both Fig. 3-7 and the corresponding equations provide Mach numbers
and ambient temperatures for known values of P, £,, and 7,. For example, we
are given the following in-flight measurements:

P=354kPa  T,=300K and P, =60.0kPa

From these data, P/P, = 0.59. If we enter Fig. 3-7 with this value of P/P,, we
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FIGURE 3.7
0.0 0.5 1.0 15 20 25 50 T/T, and P/P, versus Mach
Mach number number (y = 1.4).

find M =09 and T/7,=0.86. Then we obtain the ambient temperature by
using T = (T/T)T, = 0.86(300) = 258°R.
Figure 3-7 shows that in a sonic (M = 1.0) stream of gas with y = 1.4,

P T
P 0.528 and 7= 0.833

r I3

and for supersonic flow,

P T
—<0.528 and —<0.833
P, T,

t t

Consider the one-dimensional steady flow of a gas in a duct with 7; and P,
constant at all stations along the duct. This means a total temperature probe
will measure the same value of 7; at each duct station, and an isentropic total
pressure probe will measure the same value of P, at each station. The path line
of a of the flow is a vertical line in the 7-s diagram. The state points on the
path line can be categorized as follows:

Subsonic 7>0.8837, P >0.528P,
Sonic T=0.8337, P=0528P,

Supersonic T<0.8337, P <0.528P,
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s
FIGURE 3-8

Subsonic and supersonic state points in an isentropic flow.

Figure 3-8 delineates the subsonic, sonic, and supersonic portions of path line
.

The thermodynamic properties at the state point where M =1 on « are
denoted by P*, T* V* etc. (read as P star, etc.). In addition, the cross-
sectional flow area at the M =1 point is indicated by A*. The magnitude of A*
is determined by the relation ‘

(3-11)

Mass Flow Parameter (MEFP)

The stream properties at any general station of a calorically perfect gas are
related by Egs. (2-30), (2-44), (3-2), (3-7), (3-9), (3-10), and the one-
dimensional mass flow equation

m = pAV

For convenience, we define the following grouping of terms which are a
function only of M, R, and v:

mVT,
PA

MFP = (3-12)

noting that

PV Vv PVyg. \/ng P

R VT
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we then see that multrplymg through by VT,/P, gives

R \/T/

Replacing the static/total property ratios with Egs. (3-9) and (3-10) gives
. \/Tt o -1 —y(y—1)+172
ML g e (1 Ly M2>
PA R 2

or finally

mVT, MVyg./R
PA {1 + [(,y _ 1)/2]M2}(~/+1)/[2(7—1)]

MFP(M) = (3-13)

Thus from a combination of other thermodynamic properties, we have defined
the new property—the mass flow parameter (MFP)—that is a unique function
of the Mach number in a calorically perfect gas. Values of the mass flow
parameter are plotted in Fig. 3-9 for y = 1.4 and y = 1.3, and App. E tabulates
MFP versus Mach number for vy values of 1.4, 1.33, and 1.3. From Fig. 3-9 and
App. E, one sees that the maximum value of the mass flow parameter occurs
when the Mach number is unity. Thus, for a given total temperature and
pressure 7, and P,, the maximum mass flow rate per area corresponds to a flow
Mach number of 1.

0.6847
0.7
2
/4 / \\
i/ \
06 4 N
y 0.6673 N\
7 A\
05F 4 \
: ! N\y- 14
MFP x A & | AN
5 0a 4 \
X r \
i/ \
4 _ 2N\
. y=13
mNT, R 0.3 [— \\
PA & AN
\\
02 F ~
~
\\
0.1
0.0 i ! 1 ! B 5
0.0 0.5 - 1.0 15 2.0 2.5 3.0

FIGURE 39 Mach number

Mass flow parameter versus Mach number (y = 1.4 and y = 1.3).
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Isentropic Area Ratio A/A*

The ratio of the one-dimensional flow area A at any flow station to the
one-dimensional area for that same flow rate at sonic velocity A* is a unique
function of the Mach number M at the flow station and the ratio of specific
heats y. Consider the isentropic flow of a calorically perfect gas in an isentropic
duct from p, M, P, T, and A to the sonic state where the properties are p*,
M* =1, P* T* and A*. Since both states have the same mass flow, we write

m=pAV = p*A*V*
Rewriting gives
A _p*V* P*T1la* 1P*P — 1 P*/P

S =— = VTH [ T=— i
A= v C1epMa Mot LT T MV ®
However,
T T/T, [ 2 ( y-1 >]" .
—= = 1+ z
T* TT, ly+1 ;M (@)
P P/F, [ 2 ( y—1 2)]_7'(7—1)
d —= = 1+
an oyl > M (iii)

Substitution of Eqgs. (ii) and (iii) gives

4 1[ 2 (1+3/—_—1M2 (3-14)

“Mly+1 2

>](7+1)/[2(7—1)I
A* M

and A/A*, P/P, and T/T, are plotted versus Mach number in Fig. 3-10 for
v =1.4 and tabulated in App. E for vy values of 1.4, 1.33, and 1.3.
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AlA*

15k

FIGURE 3-10
0.0 0.5 1.0 1.5 2.0 25 30 A/A* T/T, and P[P, versus Mach
Mach number number (y = 1.4).
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Example 3-2. Air at a total temperature of 300 K and total pressure of 1atm

flows through a 2-m’ duct at a Mach number of 0.5.

a. What must the area of the duct be for the flow to isentropically accelerate to
Mach 1?

b. What is the mass flow rate of air through the duct?

Sofution. From App. E for M=05 and y=14, A/A*=133984 and
MFPVR/g, = 0.511053.
a. The area of the duct at M =1 is then

A 2m?

= = =1.4 2
AJA* 133084 42T m

A*

b. The mass flow rate can be calculated by using the MFP as follows:

. _PAMFPVR/g, 101,325 X2 N0.511053

= kg - VK/(N - =353.57k
VI VRlg | vaook  leoiis <& VKN s gfsee

Velocity-Area Variation

The variation of density in a compressible flow field introduces a variable
which is not present in an incompressible flow. This added variable produces
some marked differences between compressible and incompressible flow
characteristics. An often-quotec example is the variation of stream area with
stream velocity. Consider a steady one-dimension incompressible flow with
uniform stream properties at each cross section of the flow. For this flow, the
equation of continuity reduces to

AV = const

It is clear from this that as the cross-sectional area of the flow increases, the
velocity decreases and vice versa (Fig. 3-11). This can be observed in a flowing
stream of water—where the stream runs deep, the current is slow and, in the

FIGURE 3-11
A Velecity area variation for incompressible flow.
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shallow depths of the stream, the current runs faster. A mathematical
statement of this simple physical fact is obtained by differentiating the above
relation and solving for the rate of change of velocity with area

av_

14
dA A

Thus the change of velocity with area is always negative, and for decreasing
areas, we obtain increasing velocities, which is in accordance with experience.
These facts are shown graphically in Fig. 3-11.

For compressible flow, the equation of continuity for one-dimensional
steady flow with uniform properties at each section of the flow is

pAYV = const

As a result of the added variable p in this equation, it is not immediately clear
how the velocity of the flow will vary with the flow area. To obtain further
insights into this question, we can form the derivative of velocity of continuity,
and solving for the desired result gives

av v ( A dp)
dA A pdA

which is the incompressible velocity-area derivative expression with an added
term that takes into account the variable density factor. From this, we see that
the change of the velocity with area may be negative or positive in
compressible flows, depending upon the sign and magnitude of the density
variation with area. To get an explicit answer for the sign of the velocity-area
derivative, we must know the density-area derivative. The development of this
derivative is given later in Section 3.5. For the purpose of this discussion, let us
simply state the results. It is found that for frictionless adiabatic flow of a
perfect gas, dP/dA depends upon the local Mach number M of the flow (ratio
of the stream and sound velocities) in the following manner:

dp_p M
dA Al1—-M*

Using this in the expression for dV/dA, we get

av_ v 1
dA~ Al-M

Thus when the Mach number of the flow is less than 1 (subsonic flow),
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FIGURE 3-12
Velocity-area variation for compressible flow.

dV /dA is negative and the variation of velocity with flow atea is similar to that
experienced with incompressible flow. However, when the Mach number is
greater than 1 (supersonic flow), dV/dA is positive since the variation of
density with area is such that to increase the velocity requires an increase in
area to pass the same mass at the lower densities associated with the higher
velocities (Fig. 3-12).

Another way of saying the same thing is to consider flow sections 1 and 2
having two different velocities, areas, and densities. For these two sections, we
have

1A,V =p AV,

In terms of this equation, we have just found that in supersonic flow, if V, >V},
then the density at 2 is sufficiently less than the density at 1, p, <« p;, that in
order to maintain the equality required by mass conservation, the area at 2
must be larger than that at 1, or A,> A,. This explains the reason for the
converging-diverging shape of rocket nozzles. The gases leaving the combus-
tion chamber are accelerated in the converging portion of the nozzle until the
gases attain a sonic speed at the throat. Beyond the nozzle throat, the flow is
supersonic, and the nozzle area must be increased to attain higher velocities at
the much lower densities encountered in this phase of the expansion process.

From the above discussion, it is clear that the speed of sound and the
variation of fluid density are important parameters in compressible flows. Now,
the change in density of a flowing gas is usually the result of pressure variations
in the gas, and it should be expected, therefore, that the rate of change of
density with pressure is also important in compressible flow studies. We will
find that the density variation with pressure and the speed of sound are
intimately connected. The reciprocal of dP/dp, in fact, is equal to the square of
the speed of sound. It is because of the importance of the speed of sound in
compressible fluid flows that we next consider the propagation of sound waves
in a medium. '
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Two-Dimensional Small-Amplitude
Wave Propagation

Up to this point, we have limited our considerations to one-dimensional fiow.
We may obtain further knowledge of the physical significance of the sound
velocity, however, by considering two-dimensional small-amplitude wave
propagation. Consicer the planar disturbance field produced by a point source
as it sends out periodic disturbances which propagate at acoustic speed.
Consider the point source as stationary, moving at subsonic velocity, and
moving at supersonic velocity.

The pulses emancting periodically from the source will propagate
spherically outward at the speed of sound.. After any given time interval, the
pulse loci form the planar patterns shown in Fig. 3-13. The number of each

(a) Stationary, M =0 (b) Subsonic, M =0.5

Zone of Vs Mach line

action

Mach line

a(t) . /

/ H

L Vi T —!

iny=20 _ 1 2u
Smp v M \

(c) Supersonic
FIGURE 3-13

Point source moving in a gas.
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pulse indicates its age. Pulse 4 is 4 sec old, having begun 4 sec prior to the time
of the picture when the point source was at the center of the circle formed by
the pulse.

These patterns are easily observed in the form of gravity waves on the
surface of a body of water which are distributed periodically by drops of water
from the tip of a paddle freshly withdrawn from the water. By moving the
paddle at the proper speed relative to the water, any of the patterns shown can
be reproduced by the surface wavelets formed as water droplets from the
paddle strike the water’s surface.

For Fig. 3-13(a), the point source is stationary, and concentric circles are
formed by the pulse loci. When, as in Fig. 3-13(b), the source moves at a speed
less than that of the pulse propagation speed, the pulse loci, which form circles
about their point of origin, are no longer concentric since the source emanated
each pulse from a different location. When the point source speed exceeds the
pulse propagation speed, in Fig. 3-13(c), circular pulse lines are formed, and
these pulse circles are tangent to a line at angle p with the direction of the
source speed such that

sinp =20 _1
Vi) M
This tangent line is called a Mach line, and the angle w is called the Mach
angle.

The wave pulse patterns of Fig. 3-13 indicate that for other than
supersonic speeds, the disturbance field produced by the point source extends
to infinite distances about the source as time progresses (in the absence of
viscous effects). At supersonic speeds, however, note that the fluid field is
completely undisturbed forward of the Mach cone; the fluid is disturbed only
within the cone.

The pattern of Fig. 3-13(c) illustrates the three rules of supersonic flow
given by von Karman in 1947 in the tenth Wright brothers lecture (Ref. 17).
These rules are based on the assumption of small disturbances and are
applicable at a given instant of time. They are qualitatively applicable,
however, to large disturbances. The rules are:

1. The rule of forbidden signals. The effect of pressure changes produced by a
point source moving at a speed faster than sound cannot reach points ahead
of the point source.

2. The zone of action and the zone of silence. All effects produced by a point
source moving at a supersonic speed are contained within the zone of action
bounded by the Mach cone and extending downstream from the body. The
region outside of the cone of action at any instant of time is called the zone
of silence.

3. The rule of concentrated action. The effects produced by the motion of 2
point source at supersonic speeds are concentrated along the Mach lines.
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FIGURE 3-14
Gas flow to zero absolute temperature.

Extrapolating this rule to large disturbances, we can observe its qualitative
application in the concentration of effects along a shock wave accompanying
a body at supersonic speeds.

Summary: Realms of Compressible Flow

Let us consider the steady flow of a perfect gas in the absence of heat flow and
shaft work. Between any ““in”” and “‘out” sections of a control surface in such «
flow, the steady flow energy equation is

V2 A 2
)2
2gc in ch out

To fix ideas more explicitly, we can imagine the flow to originate in a large
reservoir supplied by a gas pump. The velocity of the gas in the large reservoir
is negligible so that stagnation conditions exist in the tank. From this reservoir,
the gas expands through a channel of varying area to lower pressures and
temperatures. Figure 3-14 depicts the reservoir and channel. Three channel
sections of interest and shown in the flow are as follows:

* The reservoir station [Fig. 3-14(a)], designated as station ¢ since stagnation
conditions exist.

e Any general station [Fig. 3-14(b)]. The stream properties are written with no
subscript.

= Absolute zero temperature station [Fig. 3-14(c)]. At this section in the flow,
it is imagined that the gas has expanded to an absolute zero temperature,
attaining the maximum velocity possible.
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For control surfaces i and ii, the steady flow energy equation becomes

V2
h=h+_— i
28 ®
V?: Vi
h+—=—7— (i)
2g.  2g.
or, by combining Egs. (i) and (ii),
v: vZ
h,=h+-—=—""=const
28 28

where the constant, or the total enthalpy, of any given flow is dependent upon
the given reservoir conditions. For unchanging conditions, then, the total
enthalpy is constant throughout the flow. The last equation above is simply a
mathematical statement of the following facts. In the reservoir, there is no
kinetic energy contribution to the total enthalpy, and the static and total
enthalpies are identical. At any general station in the flow, there are kinetic
energy and static enthalpy contributions to the total enthalpy. At the zerc
absolute temperature station, the stream velocity has attained its maximum
value, and the total enthalpy is made up of kinetic energy only with the static
enthalpy zero.

The flow process of Fig. 3-14 is shown on the enthalpy-entropy diagrams
of Fig. 3-15. The kinetic energy of the flow, being equal to an enthalpy change,
can also be shown on the diagrams as indicated. Each part of the figure is
identical except for the label of the enthalpy axis. Since we are considering flow
of a calorically perfect gas, the enthalpy, measured relative to a zero datum at
zero absclute temperature, can be expressed as

h— hdatum = Cp(T - 7::latum)
h=¢c,T since Agaum = 0 and Tyaum =0

This result is used in Fig. 3-15(b), where the enthalpy axis is labeled c,T.
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FIGURE 3-15
The h-s diagram for flow of Fig. 3-14.
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By making use of the fact that the speed of sound is dependent only
upon temperature for a perfect gas, the enthalpy can be written in terms of the
speed of sound a. We have

?=vyg.RT or T=—
Y8R
2 .
whence h=c, 2
Y8R
.. c Y
or, with L= —
R y-1
, N
a C
h="l8_ o 7
y—1

Thus we can label the enthalpy axis [(a*/g.)/(y —1)] as in Fig. 3-15(c). Of
course, a, is the velocity of sound at the stagnation (reservoir) conditions of the
stream.

By compressing the enthalpy in terms of the speed of sound, the realms
of compressible flow can be conveniently summarized on the so-called
adiabatic steady flow ellipse. From the steady flow energy equation for
adiabatic, no-shaft-work flow, we have h, = h + V?/(2g.) = V%../(2g.) or, for a

perfect gas,

y—1 vy—1 2 2

Dividing the enthalpy term a®/(y —1) of this equation by the stagnation
enthalpy a?/(y — 1) and the kinetic energy term byV?Z,,/2 [this is permissible
since a?/(y — 1) = V2.,/2], we get

a> v?

—+ =1 3-15

@ Vi 1)

This equation is called the adiabatic steady flow ellipse. It is an ellipse with
,center at the origin of the V and a axes and semimajor and semiminor axes of
Vimax and a,, respectively. The portion of the adiabatic steady flow ellipse
having physical significance is shown in Fig. 3-16. The various realms of
compressible flow are shown schematically on the ellipse of the figure. These
flow regimes are classified as follows.

INCOMPRESSIBLE FLOW. In this region, the stream velocity is small
compared with the velocity of sound. When this condition exists, the density
of even highly compressible gases may be treated as constant. An example is
airflow over wings of low-speed (120-kn) airplanes. A further example is
found in the flow of natural gas in transcontinental pipelines. To avoid
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FIGURE 3-16
Realms of compressible flow. (After Shapiro, Ref. 84.)

excessive pressure losses in these exceptionally long pipelines, the gas
velocities employed are extremely small compared to the velocity of sound.

SUBSONIC COMPRESSIBLE FLOW. We may think of this realm of fiow as
being bounded roughly by Mach numbers 0.2 and 0.8. In the lower range of
subsonic compressible flow, good engineering results may be obtained by
neglecting compressibility in pressure variation computations. This is possible
since, at the lower subsonic velocities, the pressure variations are sufficiently
small to permit the assumption of no change in density. The incompressible
Bernoulli equation may be used to demonstrate this point in frictionless flow.
Consider a ballistic missile in unaccelerated flight moving at a velocity V,
through air at rest. To an observer at rest relative to the missle (we take this
point of view to reduce the analysis to one of steady flow), the flow situation
appears as in Fig. 3-17. Mark out a control volume in the flow, as shown
between a point far upstream from the missile and a point just adjacent to the

Control volume

il

FIGURE 3-17
Flow approaching missile.
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nose of the missile, where the velocity of the stream is brought to a negligible
magnitude. Applying Bernoulli’s equation to the control volume flow shown,
we have

LAVi

P
to2g,

P, incompressible frictionless flow
Now, consider the fractional change in pressure between 1 and 2, referred
to as the free stream pressure P;

PZ"PIZPIV%

fractional change in P due to flow brought to rest
P 2P

From the equation of state for a perfect gas in terms of the speed of sound and
the definition of Mach number, we have

_p(vg.RT) _pa’

P =pRT
8. 8.

P1 Y8

Th £1_ o
en P2
“© piVi_ e Vi_wyMi
2ch1 a% zgc 2
P,— P, AP yM?

and LS P ok (3-16)

P P 2

This gives the fractional change in pressure between stations 1 and 2 in terms
of the free stream Mach number. With this relation, we can verify the italicized
statement above that at the lower subsonic velocities, the pressure variations are
sufficiently small. We find the percentage change in pressure at Mach numbers
0.2 and 0.4 to be 2.8 and 11.2 percent, respectively, for y =1.4.

It appears, therefore, that at a flight speed of about 0.4 Mach, the order
of magnitude of the pressure change is becoming rather significant. However,
our main concern here is how this pressure change affects the density which
was assumed constant (since Bernoulli’s equation for incompressible flow was
used)., With the flow between sections 1 and 2 isentropic, a 1 percent change in
pressure corresponds to a 0.71 percent change in density, as shown by the
following:

P=p”
whence In P=yInp + const

and, differentiating in terms of finite differences, we have
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Ap 1AP AP
—=—-—=071— =1.4
or > 3P 1= (v )
Ap M} : , .
and —= Y fractional change in density due to flow brought torest (3-17)
251

This permits a check on the last part of the italicized words above which state
to permit the assumption of no change in density. The percentage change in
density between sections 1 and 2 of the fiow of Fig. 3-17 at Mach 0.2 and 0.4 is
2 and 8 percent, respectively. Hence at Mach numbers less than about 0.4, it is
permissible, within an engineering accuracy range of 8 percent, to neglect the
compressibility of air in pressure computations.

In the upper Mach number range of the subsonic compressible flow
regime, compressibility effects become more and more important. Density
variations must, therefore, be taken into account in computational work in this
range.

TRANSONIC FLOW. The word fransonic was coined by von Karman and
Dryden to identify the flow regime about a Mach number of 1 (from, say, 0.8
to 1.3) where the flow over a body is partly subsonic and partly supersonic.
The analytical solution of transonic flow is extremely difficult due to the
striking difference in the nature of the difierential equations that describe
subscnic flow and supersonic flow.

Dryden and I invented the word transonic. ... We could not agree whether it
should be written with one ““s” or two. Dryden was logical and wanted twc “‘s’’s,
I thought it wasn’t necessary . ..so wrote it with one ‘s.” I introduced the term
in this form in a report to the Air Force. I am not sure whether the general who
read it knew what it meant, but his answer contained the word, so it seemed to be

officially accepted. (Ref. 18).

SUPERSONIC FLOW. Ii is clear from Fig. 3-16 that changes in the stream
velocity and the speed of sound are of comparable magnitude in this realm of
flow. Correspondingly, the Mach number of the flow may change materially
through changes in either the speed of sound or the stream velocity.
Calculation of superscnic flows is much simpler than the corresponding
problem for subsonic flow due to the availabilty of linearized approximations
that give adequate accuracy in supersonic flow.

HYPERSONIC FLOW. In this regime of flow, the Mach number is very high,
and the stream velocity is very small relative to the speed of sound variation.
This realm of flow is encountered in the flight of missiles at very high speeds.
Hypersonic flow about missiles or nose cones at very high altitudes, where the
air density is relatively low, must be analyzed by the use of the kinetic theory
of gases rather than continuum mechanics.
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3-3 NORMAL SHOCK WAVE

Let us investigate this problem: For given inlet conditions to the control
volume enclosing the normal shock wave of Fig. 3-18, we are interested in
determining the exit conditionsy and this requires simultaneous solution of
seven equations, one for each exit stream property of the figure. These
equations are obtained by application of the mass, momentum, energy, and
entropy control volume equations; the state equations for a perfect gas; the
speed of sound equation for a perfect gas; and the definition of Mach number:

1. Mass control volume equation

2. Momentum control volume equation normal to wave
3. Energy control volume equation

4. Thermal state equation

5. Entropy control volume equaticn

6. Speed of sound in perfect gas

7. Definition of Mach number

The seven equations derived from these are as follows:

Mass piVi=p.Va (3-18)
P, +p,V? Po+p,V3
Momentum _— Prii 27 Pavs (3-19)
8¢ 8
+V? T,+V3
Energy GhtVi_oh+ Vi (3-20)
2g. 2g.
P P
State L= 2 (3-21)

Ty pTh



P1 U(y—-1)
Entropy P, (7)
P1
Ph=F,
2 2
Sound a1 _%
L
MIT, M3T,
Mach —_—=
ac % V2
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PAVD ,
= P,z(%) [from Eq. (2-40)] (3-22)
P2

(3-23)

(3-24)

Some algebra is required to solve Egs. (3-18) through (3-24) and obtain
the five functions listed below. These five functions and the equations
a5=vyRg.T, and V, = a,M, determine the seven exit properties listed in Fig.
3-18 and tabulated in App. F for y = 1.4.

= hO)

= (M) =
=)=
=) =
My = (M) =

2y -

y-1

3-25
+1°! y+1 ( )
2
M (3-26)
1, 2
y+1 ! v+1
%M%—1)(1+———M§)
v —
3-27
(,y+1)2M2 ( )
2y-1)""
v+1 ) Y{(y—1)
2 ! 2y y—1\"Vo"D
-1 ( M +1) (3-28)
1+1— M3 Y Y
2
2 1/2
M+ ——
1 ’)"_1
5 (3-29)
i

Figure 3-19 presents a plot of the five functions listed above versus M
(v = 1.4). The static property ratios of the figure may be interpreted as the
ratios occurring across a normal shock from the point of view of an observer
at rest relative to the wave or at rest relative to the gas into which the wave is
propagating. From the latter’s point of view, a shock wave advancing through
sea-level air at Mach 2.1 produces a pressure rise of 5:1. The air immediately
behind such a shock wave would have a pressure of approximately 75 psia.

The curves of M, and P,/P, of the figure show that the higher the inlet
Mach number to a normal shock, the lower the exit Mach number and the
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1 2 3 4 5 6 7 Property variations across a normal
Mach number shock (y=1.4).

total pressure ratio across the shock wave. Contrary to the static property ratio
curves which, by definition, are independent of an observer’s reference
velocity, these two curves depend upon the observer’s reference velocity and
cannot be used directly by an observer not riding on the wave.

Normal Shock Wave Propagation Speed

Equation (3-25) gives the relationship for the normal shock wave pressure ratio

as

P 2 -1

2 Y Y (3-25)
P y-1 y+1

fMy) =

From the point of view of a normal shock wave advancing into gas at rest, M,
(in this equation) is the ratio of the wave propagation speed V,, and the speed
of sound in the gas in advance of the wave. Consequently, by solving Eq.
(3-25) for V,, we obtain the speed of propagation of a normal shock wave into
a gas at rest. The result can be put in the form

+1/Ph—P

V2= a%[1 + X2 (L—l)] (3-30)

2'}' Pl
This verifies that the propagating speed of a normal shock wave depends upon
the wave strength and equals the speed of a sound pulse as AP approaches
zero.
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FIGURE 3-20
Normal shock in front of engine inlet.

Example 3.3. A steady stream of air passes through a normal shock which stands
ahead of the engine inlet of a supersonic airplane flying at Mach 2 at 12 km (see
Fig. 3-20). Find the properties of the air at the inlet and exit of the normal shock
wave.

Solution. Standard atmosphere tables (App. A) give for 12km

a

8 =0.1915 g=0.7519 and =(.8671

Ares
Thus P, = 6P,;=0.1915 X 101,300 = 19,400 Pa
T, = 87.=0.7519 X 288.2 =216.7K

4, =2 4., =0.8671 X 340.3 = 295.1 m/sec

Ares

Plots (Fig. 3-10), tabulations (App. E), or equations [Egs. (3-9) and (3-10)]
of P/P, and T /T, versus Mach number give, for M; =2.0 and y = 1.4,

7 %)
—) =0.1278 — ) =0.5556
<P, 1 1./,

From these data, we obtain

N S L PSP
'T(P/P), 01278 00 Pa

T, 216.7
T, = ="——=390.0K
Y (T/T), 0.5556 3

Vi = Mya, =2(295.1) = 590.2 m/sec

We have now determined, at the shock inlet,
M, =20 ¥V =590.2 m/sec T,=216.7K
T7,=390.0K P, =19,400 Pa P,, = 151,800 Pa

From tabulations in App. F (for higher accuracy) of Fig. 3-19, at M, =2.0
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we find the normal shock property ratios (note that our station 1 is table station x
and our station 2 is table station y)

P, Pa
—=4.500 —=0.7209
P, P,

1 3

T v,
Z2_16875 —2=£2-2667 (from pV = const)

I V. m
and the exit Mach number
M,=0.5774

These numbers may be checked, grossly, by Fig. 3-19. The normal shock exit
stream properties are '

P
P,=P, 1;2 =19,400 X 4.500 = 87,300 Pa

1

P,
P,=P, 172 =151,800 X 0.7209 = 109,430 Pa

t1

T;
L=T %—Zf— 216.7 X 1.6875 = 365.7K
1

Vi .2
LI ﬂ =221.3m/sec

V:
2wV, 2.667

The results are summarized ir. Fig. 3-21. Notice that there is a 28 percent
decrease in total pressure through the normal shock. Supersonic inlets are
designed to keep this total pressure loss to a minimum.

Example 3-4. This example will illustrate a procedure for determiniag stream

Shock wave

T)=216.7K
Vi=5002mscc  M1E20 A? N ?)6555; :
. Pi=194kPa kg V= 221.3 m/sec (engine)
Py =151.8kPa Py =87.3kPa
Pyy =109.4 kPa
Ti1=390K =T
FIGURE 3-21

Flow properties’ variation across normal shock.
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FIGURE 3-22
Blast wave propagating into air at rest.

properties in the *vake of a normal shock wave advancing into gas at rest. The
property ratios in Egs. (3-25) through (3-28) were derived from the point of view
of an observer riding on the shock wave. Since total pressure and total
temperature depend upon stream velocity, the ratios developed for these two
properties apply only to a velocity reference system that rides on the wave. Static
properties of a flowing gas do not depend upon the stream’s velocity. As a result,
the static property ratios developed for a stationary shock front are also
applicable across a shock wave propagating into a gas at rest.

Suppose a blast wave, perhaps created by a bomb explosion, is traveling
through air at standard sea-level conditions with a speed of 10,000 ft/sec (see Fig.
3-22). Let us treat the spherical portion of the wave adjacent to the ground as a
normal shock wave in order to estimate the state of the air in the blast wave’s
wake.

Estimate the value of the following stream properties in the wake of the
blast wave:

Pressure B,

. Temperature 7,
Velocity V.,

Mach number M,,,
Total temperature P,,,,
Total pressure T,

ThR R D OB

Solution. We first reduce the problem to one of steady-state flow (see Fig. 3-23).
For the flow in the steady-state reference frame, we have

P, =1atm T, =5187°R a; = 1116 ft/sec V, = 10,000 ft/sec

vV, 10,000
Thus M=—=——=900
Ve, 1116
L
V2 Vs Vi = 10,000 ft/sec
e ————— et
P2 Py=1am FIGURE 3-23
T; T1=519°R

Blast wave reduced to steady-

7 state flow.
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With the inlet Mach number to the normal shock known, we find immediately, via
tabulations in normal shock tables (App. F),

P T,
—2=9433 2=16.69

P I
Vi
L2565 (from pV = const)
Vi ;
These data give the static pressure and temperature in either frame of reference
whence
b
a. P, =P, —=94.33 atm
A
]‘2 o
b. T, =T, = =518.7(16.69) = 8658°R

I,
The velocity V; in the steady-state reference frame is

Vv, 10,000

=2 O 17701t
V.V, 565 [sec

V,
To determine the velocity of the gas V,, in the wake of the blast, we
algebraically add 10,000 ft/sec to V, and obtain

c. v

gas

= 10,000 — 1770 = 8230 ft/sec = V,,, in direction of wave movement

Figure 3-24 illustrates the solution of the problem thus far. The values of M,
T, gas; and P,,,, remain to be found.
The Mach number of the gas in the blast wave’s wake is

Vias Vias 8230 8230
d. Mgas:'—g_z £ = =——=1.8
a, aVT/T, 1116V16.69 4559

Determine the total temperature and total pressure now, based on your
knowledge of the fact that the static/total ratios of these two properties are
functions of the flow Mach number. From

Vi = 10,000 ft/sec
Vgas = 8230 ft/sec

————————t-
P, =9433 atm P =1atm (air at rest)

T, =8650°R T, =519°R FIGURE 3-24
Flow properties” variation ac-
7/ ross blast wave.
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we find for M,,.=1.8

T
7= 0.6068 (by calculation or tables)

r

whence
T, 8658
. Tges = =——-=14270°R
€ =T/T, 0.6068
P T)y/(v—l) < v - 1 ~yH{y—1)
L S Mz)
From P (7; 1 >

t

we find for M,,,=1.8

P
P 0.1740 (by calculation of tables)
whence
b 94.33
. P .= =——-—=>542 at
f =~ p/P 0.1740 atm

The total temperature and total pressure are felt by a stationary structure in
the path of the blast wave. Obviously, a stationary structure exposed to a blast
wave of this strength would not be stationary long. Some estimates indicate that a
nuclear shock wave travels at speeds on the order of 200,000 ft/sec (20 times the
wave speed of the example) and produces a total pressure in its wake on the
order of 40,000 atm!

3-4 OBLIQUE SHOCK WAVE

When a wedge-shaped object is placed in a two-dimensional supersonic flow, a
plane-attached shock wave may emanate from the nose of the body, or a
detached shock wave may arise. The latter is curved and stands in front of the
object (Fig. 3-25). The flow Mach number and the wedge angle 6 together
determine which of these two types of shocks will occur.

&

s

é'
A

N\ Attached plane shock \ "™ Detached shock
FIGURE 3-25

Attached and detached shocks
in supersonic flow.
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Oblique shock

fe

FIGURE 3-26
Control volume for oblique shock analysis.

Consider the analysis of oblique shock waves with the following purposes
in mind:

1. To determine the exit conditions from an attached oblique shock wave,
given the inlet conditions and either the stream deflection angle 6 or the
shock angle 8

2. To determine the limitations on up-tream Mach M; and @ for an attached
shock to occur

3. To show that the normal shock wave is a special case of the oblique shock
with 8 =0

In Fig. 3-26, a flow is deflected through an angle @ as it passes through a
shock wave which makes an angle 8 with the upstream flow velocity. A proper
control volume, indicated by the dashed lines, will have its upper and lower
sides coincident with the flow streamlines and its ends parallel to the shock
front. For convenience, assume the area through which the fluid enters and
leaves to be unity, and apply the physical laws and definitions below to the flow
through the control volume. The list is the same given for a normal shock wave
except for added items 3 and 6.

1. Mass control volume equation

2. Momentum control volume equation normal to wave
3. Momentum control volume equation parallel to wave
4, Energy control volume equation

5. Thermal state equation

6. Geometry of figure



7. Entropy control volume equation

8. Speed of sound

9. Definition of Mach number
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These equations follow from application of the above nine conditions:

Mass

Nmomentum

Lmomentum

Energy

State

Geometry

Entropy

Sound

Mach

p1N; = p, N,
P, +p;Ni =P+ p,N}

p1N Ly = p,N, L,

N2+ 12 N3+ 13
o, T + 22, =c,I; + 2.
A _ B
e p T
N,
t —-0)=—
an (8- 6)=7

P, 1Y(y—1) P, 1/(y—-1)
P8 (2

PazPF,

2 2
a; a;

T T

Ml\/ﬁ sin B _ Mz\/i sin (8 — 0)

M N,

(3-31a)
(3-31b)

(3-31¢)

(3-31d)

(3-31e)

(331f)

(3-31g)

(3-31h)

(3-310)

Solution of this set of equations gives the following relationships:

b

E:'fl(Ml sin 8)

P2 _ £(M, sin B)

1

T
f = f3(M, sin B)

(3-32a)

(3-32b)

(3-32¢)
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T2 (M sin ) (3324)

M, sin (B — 0) = fs(M, sin 8) (3-32¢)

2/(y+ D)+ [y =Dy + DIMism® £
M7 sin B cos B

tan (B — 6) = (3-32f)
Here the functions fi, f;, etc., are identical with those for a normal shock wave
when 8 =90° and 9 = (°.

It is convenient to present the last equation, Eq. (3-32f), graphically by
plotting 3 versus 8 for values of M, as shown in Fig. 3-27. Equation {3-32f) is
given in tabular form in App. G. When a solution does not exist for that
combination of Mach number M, and wedge angle &, the maximum value of
the wedge angle 8,,,, and the corresponding shock angle B are given.

The functions f;, 5, fs, and f5 are given graphically in Figs. 3-28 through
3-31.

Observe from the graph of Fig. 3-27 that there exist three possible
solutions for a given wedge angle 6:

1. Two values of B for a given M,. For example, 8=20°, M, =4.0 gives
B =32° or B=284° Either value of 8 may occur depending upon the
boundary conditions of the fiow. Usually, the wave with the smaller shock
angle occurs. However, a proper adjustment of the downstream pressure
will produce the wave with the larger shock angle.

2. One value of B for a given M,. For example, 6 = 23°, M, = 2.0, 8 = 65°.

3. No value of 3 for a given M,. For example, 6 =20°, M, = 1.5. When this
condition exists, a detached shock wave results.

Figures 3-28 through 3-31 give the oblique shock stream property ratios
and exit Mach numbers for various values of the stream deflection (half wedge)
angle 6 for y = 1.4. The family of curves on each graph is bounded by a normal
shock curve and a Mach line curve.

Thus these graphs include the curves for the normal shock relations
[excluding 7,/T; which may be found from T,/ T} = (P,/P,)/(p./p1)] of Fig. 3-19.
The normal shock conditions correspond to the limiting strong oblique shock
solutions of Figs. 3-28 through 3-31 as the stream deflection angle goes to zero.
The Mach line, or Mach wave, conditions are the limiting weak oblique shock
solutions of Figs. 3-28 through 3-31 as the stream deflection angle goes to zero.
Notice that the stream properties do not change through a Mach line; this is in
keeping with the concept of a Mach line being formed from sound pulses which
produce infinitesimally small changes in stream properties.

There are numerous references that present the shock relations for the
oblique and normal shocks in either graphical or tabular form (see Refs. 15,
19, 20, and 21).

In the analysis of the oblique shock, we have developed a series of
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FIGURE 3-27
Relation between' M;, B, and 0 for oblique shock (y = 1.4).

equations from which it is possible to find the oblique shock exit conditions,
given the inlet conditions and 3 or 6. We have seen that each of the equations
in this series reduces to its normal shock counterpart as 3 approaches 90° and 6
approaches 0°. Moreover, the expression relating 8, 6, and M, (Fig. 3-27)
enables us to determine the limiting values of M and 6 for an attached shock
when a wedge is placed in a supersonic flow.
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(Continued.)

Example 3-5. A steady supersonic stream of air at an altitude of 12km and
Mach number of 2.0 approaches a wedge with an included angle of 40° (Fig. 3-32).
Find the stream properties downstream of the weak oblique shock wave attached
to the wedge and the angle that the shock makes with the original direction of
flow.
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10—
™ Omax Or M| min
L 7
By
B R /A4 20°.
>4/ 7
N 4/
L & .
//Q / 15
/
B p 10°
/
/
6=15°
/
// 9 = 0 (Mach wave)
1 1 ! 1 A 1 ! FIGURE 3-28
1.0 L5 20 25 3.0 35 Pressure ratio P,/P, for oblique
M shock (y = 1.4).
Solution. From App. A at 12km we have P, = 6P, = 19,400 Pa and T} = 6T, ;=
216.7 K. Figure 3-27 indicates that an attached shock will occur for 8 =20° and
M, =2.0. Thus we may proceed with the solution. Of the two shock angles
possible for the given conditions, the smaller angle generally occurs. Accordingly,
we read B =153° from Fig. 3-27. The following data are obtained from Figs. 3-28
4.5 ’—
B =
350
-
~
35 e
Omax or M1 min // 30°
4
30 6= 0 normal shock
& / 250
& d
25 , 20°
/
/
ol /s 15
s 10°
15— /
g =5°
4 - 8= 0 (Mach wave)
1.0 L ! I« 1 FIGURE 3-29
1.0 15 20 25 30 35 Density ratio p,/p, for oblique

M shock (y =1.4).
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6=10 (Mach wave)

09+

0.8 —

0.7 p~

Q\E 06 Omax or M| min
al
0.5+
9= 0 (normal shock)
04—
03
0.2 ! I J FIGURE 3-3¢
1.0 1.5 2.0 25 3.0 3.5 Total pressure ratio P,/P,
M for oblique shock (y = 1.4).
35
35
2.5
2.0
M,
1.5
1.0
(9=0a1 Mo FIGURE 3-31
n
05 orm Cl Downstream Mach number
“10 1.5 M, for oblique shock (y=

1.4).
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M =20
P1=194kPa
T1=216.7K

FIGURE 3-32
A 20° half-angle wedge in super-
sonic flow.
through 3-31:
P P,
2=28 2-203 o089 M=12
P £1 Py

The approaching total temperature and total pressure were found to be

P 19,400

Py=—r—=-""—=151,800P

LT (P/P), 0.1278 a
L _ 267 400k

T:
“T(TIT), 0.5556

From these data, we may determine the downstream properties.

P
P,=P, FZ =19,400(2.8) = 54,320 Pa
1

P,
P, =P, —2=151,800(0.89) = 135,100 Pa

Py

Pp, (2.8>
=T —=—=2167—)=298.
:=hp 6 503 298.9K

To find T, alternately, use (T/T,), for M, =1.22 in the relation

T T
T,= I}2<?> = 7},(;) =390(0.7706) = 300.5 K
2 /2
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M =20
P, =151.8 kPa
P =19.4kPa

T,=2167K

Engine

P5=133.84kPa
% total pressure loss:

P, =Ps 151.80~133.84

P, 151.80
P loss=11.8%

FIGURE 3-33
Example 3-6 external compression inlet,

This is a more accurate value of T, since T/7T, was read from tables and not from
a graph.

Example 3-6. The inlet of the engine of Example 3-3 (normal shocks) incorpor-
ates a spike having a cone angle of 40°. As a result, the inlet air at 12 km and
Mach 2.0 passes through an oblique shock attached to the spike and a normal
shock at the inlet’s cowl lip (Fig. 3-33). Determine the total pressure and Mach
number at the exit of the normal shock. Compare the losses through this inlet
with those of Example 3-3.

Solution. Although the shock of the spike is a conical shock wave, we may make
a sufficiently accurate approximate analysis by using two-dimensional oblique
shock theory. We found the stream properties in zone 2 of Fig. 3-32 (Example
3-5) to be

M,=122 P,=135,100 Pa

From App. F, the total pressure ratio across a normal shock with an inlet Mach
number of 1.22 is P;/P,=10.9907, and the Mach number in zone 3 is 0.83. The
total pressure in zone 3 is, therefore,

Ps=P; gﬁ = 135,100(0.9907) = 133,840 Pa
2

Assuming no total pressure losses except through shock waves, the spike
inlet of this example has a 12 percent total pressure loss. The inlet of Example 3-3
has a 28 percent total pressure loss. If we define efficiency as the total pressure at
the inlet shock pattern exit divided by the initial total pressure of the free stream,
the spike inlet is then more efficient. The result of this comparison (inlet of
Example 3-3 versus Example 3-6) is not an isolated case. It is generally true that,
for a given supersonic flow, the total pressure loss through a series of shocks
consisting of oblique shocks terminating in a normal shock is less than the total
pressure loss through a single normal shock.
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\<—M2 sin (B - 6)

B-0
M3

My=20
Py =194kPa
T1=2167K

FIGURE 3-34
Flow across an oblique shock.

Example 3-7. Normal shock analysis shows that the exit Mach number and the
stream property ratios across a normal shock are expressible in terms of the inlet
Mach number. Figure 3-19 graphically represents the functional relationships
between normal shock properties and the inlet Mach number. Oblique shock
analysis indicates that the normal shock functional relationships, and thus Fig.
3-19, are also applicable to the oblique shock wave if, in using the normal shock
relations for an oblique shock, the inlet and exit Mach rumbers (M, and M, of
Fig. 3-18) are replaced with the normal components of the corresponding Mach
numbers for the oblique shock. This example will illustrate how, by using this
procedure, one may use tabulations of normal shock relations in oblique shock
analysis.

For the oblique shock flow shown in Fig. 3-34, determine the following
quantities from normal shock tabulations of them:

P 2 1; P,

Lok 2 ey
Py P T Py

Compare the results with those of Example 3-5.

Solution. Use Fig. 3-27 to determine the shock angle 8. Taking the value of $
corresponding to the shock which normally occurs, we get 8 = 53°. [Note: A more
accurate value of B can be obtained by using Eq. (3-32f) or App. G.] Then the
normal component of inlet Mach number = M, sin 8 = 2sin 53° = 1.6.

From normal shock tables at a Mach number of 1.6,

T:
Z_o080 P2-203  2=1383
P P1 T
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and the normal component of exit Mach number = M, sin (8 — 9) = 0.6684, so

_ o668
?sin(53°-20°)

The total pressure ratio P,/P, can be obtained as follows:

P, P(P/P)y, P, (P[P)y- 0.1278
Ba BB B (P F)u-se =2.820(_—>=0.9055
Py P (P/Pr)Mz P (P]P)p=1227

0.3980
These results, based on normal shock tables, agree with those of Example 3-5
which were derived from oblique shock graphs.

3-5 STEADY ONE-DIMENSIONAL
GAS DYNAMICS

The steady one-dimensional flow of a chemically inert perfect gas with constant
specific heats is conveniently described and governed by the following
definitions and physical laws.

Definitions
Perfect gas P=pRT (1)
V2
Mach number M?= Re T (ii)
YRS,
~1
Total temperature 1= T(l + TM 2) (iii)
-1 Yy=1)
Total pressure P = P<1 o M2> (iv)

Physical Laws

For one-dimensional flow through a control volume having a single inlet and
exit sections 1 and 2, respectively, we have

One-dimensional mass flow p1 AV, = prAV, (v)
AV? .
Momentum Fric = -—A(PA +2 ) (vi)
Energy equation (no shaft work) q=c,(Tp—Ty) (vii)
Entropy equation (adiabatic flow) §2 =85y (viii)

where Fg; is the frictional force of a solid control surface boundary on the
flowing gas and A is the flow cross-sectional area normal to the velocity V.
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) dgq = cp dT;
dFfrics = ¢ lpY A28 I4AID) dx
7

///////
dericr%
— e

A+dA
P +dP
T+dT
p+dp
V+dv
M? + dm?
P + dP,

Control surface

T<O N O

AR

&

2

|

/ FIGURE 3-35
“  Independent and dependent variables
D = hydraulic diameter cp= friction coefficient for one-dimensional flow.

Now consider the differential element of duct with length dx, as shown in
Fig. 3-35. The independent variables are the area change, total temperature
change, and frictional force. The dependent variables are P, T, p, V, M?, and
P,. The application of Eqgs. (i) through (vi) to flow in Fig. 3-35, having the
presence of the simultaneous effects of area change, heat interaction, and
friction, results in the following set of equations for the infinitesimal element
dx:

dP dp dT
Perfect gast 2L LE (3-33a)
P T
dT  [(y—-1)/2)M* dm* dT, .
Total t t -+ - = 3-33p
otal temperaturet T 14y =020 M T, ( )
dp dA dV
One-dimensional mass flowt e P YA (3-33¢)
p A |4
dpP (y/2)M*>  dM* dP,
Total —+ =— -
otal pressuret P 1 (y- D2 M P, (3-33d)
dP av dx
Momentum 5 + yM? v +2yM chb— =0 (3-33e)
dv dT dM?
— = 3-33
Mach numbert v T M (3-33/)

In these equations, heat interaction effects are measured in terms of the
total temperature change according to Eq. (vii). The entropy condition of Eq.
(viii) is also applicable if d7,=0. If d7; is not zero, then the entropy
requirement is ds = dq/T. The six dependent variables M*, V, P, p, T, and P, in
the above set of six linear algebraic equations may be expressed in terms of

+ These equations are obtained by taking the derivative of the natural log of Egs. (i) through (v).
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TABLE 3-1

Influence coefficients for steady one-dimensional flow

Independent dA dr, dc, dx
Dependent A T, D
am? 2(1 + “/T”M) a+ «,MZ)(1 + 12_—11\42 yMz(l + -7—2:—1M2>
2 \

M 12 1- M2 1-M?

av 1 1 +YT~1M2 yM>

1% 1-M? T 2(1- M3
dP yM? —«,MZ(1 +X > ! M2> —yM[1 + (y - )M?]
P 1-M? T 21— M?)

-1
dp M? ~(1 =) ~yM?
P 1-M? T 2(1 - M?)
a1 CREN A= (1+270) -
T 1-M? T 2(1 - M?)
dp, 0 —yM? ~yM?
P, 2 2
This table is read:
+ y—1 M?

2 dT, yM?

4
1-M*) A

1—M?

—+
T 20-M3) D

dcpdx

the three independent variables A, T;, and 4c,dx/D. The solution is given in

Table 3-1.

General conclusions can be made relative to the variation of the stream
properties of the flow with each of the independent variables by the relations
of Table 3-1. As an example, the relationship given for dV/V at the bottom of
the table indicates that, in a constant-area adiabatic flow, friction will increase
the stream velocity in subsonic flow and will decrease the velocity in supersonic
flow. Similar reasoning may be applied to determine the manner in which any
dependent property varies with a single independent variable.

Exampie 3-8. Consider the one-dimensional flow of a perfect gas in a channel of
circular cross section. The flow is adiabatic, and we wish to design the duct so that

its area varies with x such that the velocity remains constant.

a. Show that in such a flow, the temperature must be a constant, hence the Mach
number must be a constant.
b. Show that the total pressure varies inversely with the cross-sectional area.
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c¢. Show that 2dA/C = yMch dx, where C is the circumference.

d. For a constant c;and a circular channel of diameter D, show that the diameter
must vary in accordance with the following equation to keep the velocity
constant:

D =D, + yM%x

Solution. This problem requires that we apply the relationships of Table 3-1 and

other fundamental relationships.

a. Since the flow is adiabatic, the total temperature is constant. From the
definition of the total temperature, we have T, = T + V?/(2c,g.). Since 7, and
V are constant in the duct, the above equation requires that the static
temperature remain constant. With the static temperature of the gas constant,
the speed of sound will be constant (a = VyRg.T). With constant velocity and
speed of sound, the Mach number will be constant.

b. Application of the continuity equation to the constant-velocity flow gives
A:/A=p/p. For a perfect gas with constant static temperature, we have
p/p;=P/P, and from Eq. (iv) for constant-Mach flow, we get P,/P, = P/P.
Thus P,/P, = A;/A.

¢. To obtain this relationship, we need to get a relationship between two
independent properties to keep the dependent property of velocity constant.
Table 3-1 gives the basic relationships between dependent and independent
properties for one-dimensional flow. We are interested in the case where
velocity is constant, and thus we write the equation listed as an example at the
bottom of Table 3-1 for the case where both dV and d7, are zero:

2 .
0=<__ 1 2)%_}_0 yM24cfdx
1-M/ A 20-M*) D

The area of the duct is equal to the circumference C times one quarter of the
diameter D. Thus A = CD/4, and the above relationship reduces to

dA
2 *CT = yMchdx

d. For a circular cross section, A =zD?*/4 and C=nD. Thus 2dA/C=dD.
Substitution of this relationship into the above equation and integration give
the desired result (at x =0, D = D,):

D =D, + yM%cx

3-6 SIMPLE FLOWS

There is a class of gas flows in which a single independent variable conirols the
change in the flow properties. The flow of a perfect gas through an ideal
nozzle, with area treated as the independent variable, is an example from this
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class of flows. The purpose of this section is to study several types of flow that
are in this class.

Consider a nonreacting gas to be flowing steadily through a duct which
satisfies the following conditions:

1. Constant area

2. Frictionless

3. Constant total temperature
4. No gas injection into the flow

Excluding shocks and electrical effects, the stream properties of such a flow
would remain constant throughout the flow field, and we would have what is
called a trivial flow. By removing any one or a combination of the flow
restrictions listed above, the stream properties would change with the effect
present (variable area, friction, heating, or gas injection). '

Thus if the area is changed at will in a flexible duct with no friction,
heating, or gas injection [Fig. 3-36(a)], the stream properties will vary as the
area is changed. In this case, the area is the single independent variable upon
which the stream properties depend. (We assume here that a reservoir and a
discharge region maintained at constant but different pressures are available to
produce the flow considered.) Flows in which only a single independent effect
produces variations in the stream properties are called simple flows. The flow
shown in Fig. 3-36(a) is a simple type of flow, called simple area flow.

In the work to follow, we will study how the stream properties of a
flowing gas vary in simple types of flow and in flows with combined effects. The
simple flows to be analyzed are shown in Fig. 3-36. Each of these flows has a
direct practical application even though a truly simple flow is seldom

Frictionless, adiabatic, Frictionless, constant area,
no gas injection no gas injection

| | i |

\ ]

| |

| : o q |

t Vi V2 T Vi —T >V

! |

1 |

' 1 t

(a) Simple area flow (b) Simple heating flow
Adiabatic, constant area, Frictionless, adiabatic,
no gas injection constant area
1 1 | 1
e
! f
— —— W
! |
| ? ? ? % |
1 1
Friction Gas flow through porous wail FIGURE 3-36

(c) Simple frictional flow (d) Simple gas injection flow Simple types of flow.



COMPRESSIBLE FLow 61

encountered in practice. Often, however, in a flow with combined area,
friction, or gas injection effects, one of these greatly outweighs the effect of all
others so that the variation in stream properties is determined mainly by a
single independent variable. Examples of real flows which may be treated as
simple flows are given below for each type of simple flow of Fig. 3-36.

In Fig. 3-36(a), gas flow through a real nozzle represents a flow with the
combined effects of area, friction, and heat transfer present. In large nozzles,
the effect of the area change on the stream properties greatly exceeds the
frictional and heating effects; however, excellent agreement between theory
and experiment is obtained by treating the flow as simple area flow.

In Fig. 3-36(b), the total temperature change occurring in a gas turbine
combustor, or in a rocket combustion chamber between the injector plate and
the nozzle inlet, can be analyzed as a simple heating flow. By ignoring friction
and the change in molecular weight and specific heat of the gases, the adiabatic
combustion process can be replaced by an equivalent simple heating process
producing the same total temperature rise. This is an effective model for
studying the variation of stream properties with total temperature in these
combustion chambers.

In Fig. 3-36(c), some rocket propulsion installations employ a relatively
long constant-area blast tube between the combustion chamber and nozzle.
The gas flow in this blast tube is, for all practical purposes, adiabatic and is an
example of simple frictional flow.

In Fig. 3-36(d), in transonic wind tunnel test sections, gas is withdrawn
from the main flow through porous tunnel walls in order to eliminate shock
reflections from the walls. This represents a simple gas injection flow wnth
negative injection (gas w1thdrawl)

3-7 SIMPLE AREA FLOW—NOZZLE
FLOW

Figure 3-37 shows simple area flow through a nozzle from a subsonic flow
(state 1) through the sonic conditions (state x) to supersonic flow (state 2).

Thermometer

T b———
(€
@)

§

x T, and P, are constant s .
) ©)) FIGURE 3-37
Flow to a lower pressure ‘ Simple area flow.
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FIGURE 3-38

Control volume for simple area flow.

The flow is isentropic, and both the total temperature and total pressure are
constant. For analysis, we consider accelerating a gas through a nozzle in a
simple area flow with mass flow rate ri.. Let the flow originate in a large
storage chamber (Fig. 3-38) at chamber pressure F.=F, and chamber
temperature 7. = 7,. The stream properties at any station in the flow are
related by the following equations:

Tr y/(y=1) .
P.=P= P(?) @)
VZ
T.=T,=T+— (ii)
28.C,
) P
m.=pAV = ﬁAV (iii)

For ‘given chamber gas conditions P., T, R, y, and known #i,, there are
four variables P, T, V, A in these three equations. We may select one variable
as independent and find each of the remaining three in terms of this one.
Practical problems generally fall into two categories.

1. Nozzle design. We wish to pass a given mass flow with minimum frictional
losses between two regions of different pressure (storage chamber at P, and
exhaust region at F,) with, say, some assumed variation in pressure
between the two regions.

2. Nozzle operating characteristics. Given a nozzle, what mass rates of flow and
pressure distribution will prevail through the nozzle for various nozzle
pressure ratios (P, = P,/F,)? S
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In case 1, our independent, or known, variable is pressure P, which is a
function of position x. In case 2, the variation of the flow area A with x as the
known variable. We will consider each case in turn.

Nozzle Design
We shall iilustrate the design of a nozzle by example.
Example 3-9. Assume we wish to expand gases at 28 lbm/sec from a high-altitude

second-stage rocket combustion chamber to an ambient pressure of 0.618 psia
(~70,000 ft altitude). Pertinent data simulating the Agena rocket engine are as

follows:
P, =206 psia c,8. = 6000 ft*/(sec” - °R)
T. =5000°R Nozzle length = 30 in
rm =28 Ibm/sec Pressure variation—Fig. 3-39

Rg.=1715ft*/(sec’ - °R)  Exit pressure = 0.618 psia

To solve the problem, we must determine the flow area, gas temperature,
velocity, and Mach number A, T, V, and M at each nozzle station. Assume all
sections of the nozzle are circular, and assume simple area flow. Figure 3-39
provides the length of, and pressure in, the nozzle to be designed.

x(in) | P(psia)
20 200
22 183.5
23 174.8
24 1445
25 108.9
26 50
28 15.2
32 5.6
42 1.34
50 0.618

. b
20 30 40 50

Combustion h

s ;
chamber ' \ ! T

Determine nozzle contour
from station 20 to 50

10" dia

2
00 where flow occurs from
fg 150k Poto Py
& i
a
o 100+
2
£ sot !
!
0 i l ;

Station x (in) Pressure ¢
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Solution. For the given conditions, the constants of Egs. (i) through (iii) are

known. Thus
P, = P, =206 psia
T, = T, = 5000°R

m =28 lbm/sec

Rg. = 1715 ft*/(sec’ - °R)
c,8. = 6000 ft*/(sec® - °R)
y=14

Rewrite Eqgs. (i) through (iii) as

P (r=Dly
T= 7?(7,’) (iv)
V=V2,g(T-T) ™)
A Zi}ﬁ; (vi)

With P known (Fig. 3-39), use Eq. (iv) to find T at any given station. Equation (v)
will then give V. With T and V determined, and 1, R, and P known, Eq. (vi)
gives the nozzle area A at the selected station. In this manner, the nozzle area and
gas properties can be found at all stations. The Mach number follows from
eV i)
=— vii
VyRg.T

The results of the computation outlined are plotted in Fig. 3-40. The curves
and nozzle contour in this figure illustrate that in order to decrease P and increase
V in a simple area flow:

e A converging nozzle contour is required in subsonic flow.

e A diverging nozzle contour is required in a supersonic flow.

; § TR
Ll »(d N o Sl
26 Ozdeco =l
S8 2oy, Sls
10 10
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(103 fi/sec) v ’
54 T 54 -250
103°R i
P— aesR) 7 rzoo
(1073 slug/fi3)
34 3 Mo 1150 p
A M (psia)
A 2 24 T L 100
(102 f2) \
1 o 1- 7 L 50
\ ,
—2 —2 0

L L T T T
20 25 30 35 40 45 50 X

FIGURE 3-40
Nozzle flow properties versus siation for air.
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~ FIGURE 341
5 Isentrcpe line a.

Thus we find that the typical shape of a nozzle which is accelerating a gas
from rest to supersonic speeds is convergent-divergent (C-D). At the design
operating point of a supersonic C-D nozzle, the flow is subsonic up to the
throat, sonic at the throat, and supersonic after the throat. The exit plane
pressure P, equals the exhaust region pressure F,. We shall denote the nozzle
pressure ratio for the design point as P;, where

F.
Pﬁ = (Pn)des = <F>d

The path line of an isentropic flow is called an isentrope. The area
variation required to progress along an isentrope in a given direction is shown
in the T-s diagram of Fig. 3-41. To progress downward along the isentrope
requires a converging area (dA <0) in subsonic flow and diverging area
(dA>0) in a supersonic stream. To progress upward along the isentrope
requires a converging area (dA <0) in supersonic flow and diverging area
(dA>0) in subsonic flow. This is why the engine intakes on the XB-70 and
various other supersonic aircraft converge from the inlet entrance to a throat
and then diverge to the compressor face. This design reduces the speed of the
air entering the compressor. Since P, T, p, and V?/(2c,g.) can be displayed in
the 7T-s diagram, the isentrope line properly interpreted summarizes most of
the characteristics of isentropic flow.

The stream area/velocity variations discussed above can be explained on
the basis of the continuity equation by e