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ABSTRACT

This paper studies the effects of radiative heat transfer on
the thermal characteristics of regeneratively cooled rocket
engines. A conjugated radiative, conductive and convective
model is used to analyze the effects of radiative heat transfer in
two regeneratively cooled rocket engines. One engine has
liquid hydrogen and liquid oxygen as the propellant and liquid
hydrogen as the coolant. The other engine has RP1 (a
hydrocarbon fuel) and liquid oxygen as the propellant and
liquid oxygen as the coolant. It is shown that gas radiation has
some effect on the wall temperature of the LH,-LO, engine and
a small effect on its coolant flow characteristics. For the RP1-
LO2 engine, however, gas radiation significantly increases the
coolant pressure drop, temperature and Mach number. It is also
shown that radiation effects must be addressed in cooling
channel design, so that wall temperatures and cryogenic coolant
flow temperature/pressure are at suitable levels.
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INTRODUCTION

Thermal analysis is an essential and integral part of the
design of rocket engines. The need for thermal analysis is
especially important in reusable engines where an effective and
efficient cooling system is crucial in expanding the engine’s
life. The rapid and accurate estimation of propulsion system
aero-thermodynamic heat loads and thermal protection system
effectiveness is required if new vehicle propulsion concepts are
to be evaluated in a timely and cost effective manner. In high-
pressure engines, hot-gas temperatures can be very high (it can
reach 7000°R at the throat area). It is therefore essential to be
able to estimate the wall temperature and ensure that the
material can withstand such high temperatures. Furthermore, an
accurate thermal model enables an engine designer to modify
the cooling channel configuration for optimum cooling at high
temperature areas. It should be noted that the under-cooling of
an engine would result in its catastrophic failure and over-
cooling would cause loss of engine performance. This
performance loss can be due to the need for a bigger coolant
compressor or to decreased effective flow area at the throat
when the liner temperature is very low (larger boundary layer
displacement when the liner is over-cooled).

The thermal phenomena in rocket engines involve
interactions among a number of processes, including:
combustion in the thrust chamber; expansion of hot-gases
through the nozzle; heat transfer from hot-gases to the nozzle
wall via convection and radiation; conduction in the wall; and
convection to the cooling channel. The complexity of the
thermal analysis in rocket engines is due to: three-dimensional
geometry; coolant and hot gas heat transfer coefficient
dependence on the pressure and wall temperature; unknown
coolant pressure drop and properties; axial conduction of heat
within the wall; and radiative heat transfer between gases and
surfaces of the engine. A comprehensive thermal model must
account for all of these items.

The most commonly used hot-gas model for chemical
propulsion systems (TDK, Two Dimensional Kinetics Nozzle
Performance Computer Program), Nickerson et al, (1989),
considers only convection heat transfer to the wall in
evaluating heat flux from combustion gases. In fact, most
thermal models neglect the effect of radiation heat transfer even
when the propellant is a hydrocarbon fuel, such as RP1. The
work presented by Hammad and Naraghi (1991) shows that
radiative heat transfer can be up to 30% of total heat transfer
from combustion gases to the nozzle wall. They, however, used
a one-dimensional model and did not conjugate gas radiation
with wall conduction and coolant convection. Liu and Tiwari
(1996) studied the effects of radiative heat transfer in
chemically reacting nozzle flows. They concluded that for large
nozzles, the radiative heat transfer is dominant over the
convective wall fluxes. Most recently, Badinand and Fransson
(2002) studied radiative heat transfer in film cooled LH,/LO,
rocket engines . Their results show that the radiation effect
would raise the wall temperature of the nozzle by
approximately 140K for a shocked nozzle.
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Figure 1: A typical regeneratively cooled rocket engine

In this paper a conjugated radiative/conductive/convective
model for thermal analysis of regeneratively cooled rockets is
used to study the effect of radiation heat transfer on the rocket
thermal characteristics, including, coolant temperature,
pressure and Mach number. The radiation model is based on
the Discrete Exchange Factor (DEF) method for axisymmetric
configurations given in Nunes et al., (1998, 2000 and 2001),
which incorporates all geometric complications of rocket
nozzles (e.g., blockage and shadowing effects due to the throat
area). The blockage due to the throat is modeled based on the
formulation presented by Modest (1988). Two engines were
analyzed in this work: first, a high-pressure chamber with LH,-
LO; (liquid hydrogen and liquid oxygen) propellant and LH, as
the coolant; and second, a high-pressure chamber with RP1-
LO, (C;H,; and Liquid Oxygen) propellant and LO, as the
coolant.

DESCRIPTION OF REGENERATIVELY-COOLED
ROCKET ENGINES

A typical regeneratively cooled rocket engine consists of a
thrust chamber and a converging-diverging nozzle as shown in
Figure 1. To cool the walls of these engines, cryogenic fuel
(e.g., liquid hydrogen, RP1, liquid methane) or cryogenic
oxidizer (liquid oxygen) is passed through cooling channels
that are machined in the wall. Figure 2 shows details of the wall
construction, which includes three layers: a coating, channel,
and close up. The channel area material is made of a high-
conductivity material such as copper alloy. A detailed
description of regeneratively cooled rocket engines is given by
Huzel and Huang, (1992).

A typical cooling channel has a high aspect ratio in order to
maximize heat transfer from the sidewall of the cooling
channels. The major issue in designing the cooling system of
these engines is in determining the right cooling channel width
and height, such that the wall temperature does not exceed the
material’s thermal limit and the wall temperature does not get
too cold to result in loss of engine performance.

For accurately estimating wall temperature, all thermal
transport processes in the engine must be conjugated. These
processes involve convection and radiation from hot gases,
conduction within the wall, and convection to the cooling
channel. All these processes are nonlinear and conjugating
them requires development of a unique numerical marching
technique. This numerical model is outlined in the next section.
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Figure 2: Detailed layout of cooling channels in a typical
regeneratively cooled rocket engine

NUMERICAL MODEL

In this model, the rocket thrust chamber and nozzle are
subdivided into a number of stations along the longitudinal
direction, as shown in Figure 3. These stations do not have to
be equally spaced; in fact, it is desirable to have more stations
near the throat where the heat flux and temperature gradients
are largest. The station numbering starts with the inlet to the
cooling channels and ends at their exit. Figure 3 shows a
counter flow nozzle liner cooling arrangement. There are other
cooling arrangements, where the coolant enters at a point in the
middle or the end of the nozzle liner, travels parallel to the hot-
gas, makes a U-turn at the exit of the nozzle, and returns as a
counter flow coolant in different cooling channels. This
arrangement is known as "pass-and-half" or "wrapped" flow
cooling.

The numerical marching starts with station 1, where
coolant enters the cooling channel and the coolant temperature
is known. The thermodynamic and transport properties of the
combustion gases are evaluated using the chemical equilibrium
composition computer program developed by Gordon and
McBride (1971 and 1984) (CET, Chemical Equilibrium with
Transport properties). The GASP (GAS Properties), Hendricks
et al. (1975) or WASP (Water And Steam Properties),
Hendricks et al., (1973) programs are implemented to obtain
coolant thermodynamic and transport properties.

Since the wall temperature is unknown for the first march,
the adiabatic wall temperature correlations for fast moving
nozzle flow presented by Eckert (1972) and Bartz (1965) were
implemented to estimate the convective, as well as radiative
heat fluxes from the hot-gases. These correlations are:

gy, = 0.5y +igs )+0.180(ig, ~igs ) (1)
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Figure 3: A rocket nozzle subdivided into a number of
stations

The Dittus-Bolter correlation is used for the first march to
evaluate the heat transfer coefficient for the hot-gas-side. The
convective wall heat flux is evaluated using

hG,, . .
q, = Ci(lGAW“ _lGWH) 3)

Paex,

It should be noted that since the wall temperature is not
known for the first march, the radiation effect is ignored. For
the second and subsequent marches, a boundary layer model is
used which incorporates a damping factor for accurately
predicting the reduced heat transfer rates associated with
increased viscous sublayer thickness, or for complete boundary
layer laminarization for an accelerating flow. Details of this
boundary layer model are discussed by Delise and Naraghi
(1994) and Naraghi and Delise (1995).

The radiative heat flux, q”r, which is evaluated for the
second and all subsequent marches, consists of radiative heat
transfer from the hot-gases and surface of the nozzle. It should
be noted that the combustion gas absorption coefficients are
spectral and vary along the engine, due to the change in gas
composition, temperature and pressure. Edwards’ wide band
model (Edwards, 1973, 1976) is used to determine spectral
absorption coefficients of the gases. Bands for non-
homogenous absorption coefficients at various stations do not
coincide (due to temperature, pressure and gas composition
variation). Hence, a Sum-of-Gray-Gases model was used with
weights equal to the integration of the Planck’s distribution
over each band (Hottel and Sarofim, 1976).

The Discrete Exchange Factor (DEF) method is used to
evaluate the radiative heat transfer component of this problem.
Radiative exchange among surfaces and/or volumes can be
expressed in terms of discrete exchange factors.  For
arbitrarily-shaped axisymmetric systems, such as the nozzle
shown in Figure 4, the DEF equations for radiative transport
within an enclosure with varying properties are:
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Figure 4: Configuration of surface and gas/volume ring
elements within a nozzle and thrust chamber with throat
blockage (shadowing)
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The transmittance, 1, in the DEF equations can be defined as:

7rJ-/Kr(r)dr

(r,-r;)=e " (10)

The hot-gases in the thrust chamber and nozzle form a non-
homogenous medium (composition, pressure and temperature
of hot-gases change with axial position); hence the extinction
coefficient changes with position. The limits of integration in

equations (4-7) are . and Wy - and these are the
minimum and maximum azimuth angles at which ring element ;

is seen from a point on ring element i. The allowable range of
\/ is dictated by the orientation and relative position of the ring

position of each ring element pair. It is possible that, in many
instances, the view between ring element pairs is partially

obstructed by the throat. The blockage angle, cos™ I, is
evaluated by projecting a line from a point on an emitting ring
element (denoted by i) around the periphery of the blocking
body at an axial position x;, such that x; is between x; and x;.
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Figure 5: Position of surface nodes and gas nodes for the
radiation model

The intersection point between the receiving ring element
(denoted by j) and the shadowing produced by the blocking
body at x; results in a minimum azimuth angle. This procedure
is repeated for several values of x; and can mathematically

stated as:
re min(M)
D seclr,) (11)

A= [DG (xk)/Z]z(xj —X )2; B= riz(xj Xk )2

where

12
C:rjz(xk_xi)z;D:zrirj(zk_zixzj_zk) ( )

The minimum and maximum azimuth angles can then be
calculated from:

,1 . .
V.., =CO0Ss [mm(d)l.,d)j,l",l)], Vo =T (13)

The direct exchange factors calculated based on the above
formulation accuount for direct exchange of radiation between
surface and gas elements. To account for multiple reflections
and scattering of radiation, total exchange factors are
computed. The total exchange factor between two elements is
defined as the fraction of the radiative energy that is emitted
from one element and absorbed by the other element via direct
radiation and multiple reflections from surfaces, as well as
scattering within the gas.  The total exchange factor
expressions are:

DSS =

N R IR P 1
1—{xﬁ+dsgw0wg - dggo, W, | ldgs})WJ

_ e (14)
. ss+dsngWg[I—dssa)0Wg] dgs

DGS =1 - dggo, W, | dgs

_ — a— (15)
-I—pWs{xﬁ+dsngWg[I—dggu)0Wg] dgs} a

where DSS=[DSiSjJ, DVS:[DI/iSj] are matrices
representing total exchange factors from surface and gas

axisymmetric rings to surface elements; dss= dSiSjJ’

@ = ldsigj J, digs = ldgisj J, @ = [dgigj] are matrices for
direct exchange factors between surface/volume ring elements;
W, = [w, S, J and W, = le 161-,/] are diagonal matrices for

S, 0L
numerical integration weight factors for surface/volume ring
elements, respectively; and p:[pSUJ and 0‘:[0‘51-,-] are

diagonal matrices of reflectivities and absoptivities for surface
ring elements.

Once the total exchange factors are evaluated using
equations (14) and (15), the radiative heat flux at the n-th
station is computed using the following energy balance
equation:

2n,+m mn,
q,, = E w,; DS, S, E  + E w,, DG, S E,  —E, (16)
j=1 J=1

where E_ and E, are surface and gas emissive powers at

station n. Note that the first term in the right-hand-side of
equation (16) is the incident radiative flux at the surface due to
emission from other surface elements, the second term is due to
the radiative flux from gas elements, and the last term is the
radiative heat loss due to emission.

The present model has been benchmarked against a
number of known exact solutions and solutions that are
available for a number of cylindrical problems. The results
reported by Nunes et al. (1998, 2000 and 2001) show excellent
agreement between the results of this model and published
data.

Before performing axial marches, the radiation model
evaluates total exchange factors based on the Discrete
Exchange Factor (DEF) method. In this model, the nozzle is
subdivided into a number of volume and surface nodes as
shown in Figure 5. The number of radial nodes is set to 5. The
number of axial nodes is the same as the number of stations.
The position of axial nodes coincide with those of the stations.
Since the exchange factors are dependent on gas and surface
radiative properties and the geometry of the nozzle, they are
calculated first. Since the composition of combustion gases
varies with axial position, radiative properties of combustion
gases are not constant (the gases are non-homogenous).

The wall temperature distribution is evaluated using a
three-dimensional model. This model has been specifically

5 Copyright © 2002 by ASME



Liner Radius (in)
ON M O ©® O

-10 8 6 -4 -2 O 2 4
Axial Length (in)

Figure 6: The LH2-LO2 rocket thrust chamber contour
showing station locations
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Figure 7: Gas temperature and pressure along the axial
direction for the LH2-LO2 engine for a chemical
equilibrium condition

developed for three-dimensional conduction in rocket thrust
chambers and nozzles, as shown in Figure 1. Because of the
symmetry of the configuration, computations are performed for
only one cell (half cooling channel and half land). A two-
dimensional finite difference grid is superimposed on cells at
all stations. The energy balance equation for each node is based
on the exchange of heat between neighboring nodes at the same
station, and at two neighboring stations (i.e., stations n+1 and
n-1).

The coolant flow is formulated based on a one-
dimensional model, which incorporates supercritical coolant
properties, pressure drop, expansion and contraction of cooling
channels and curvature effects; The coolant heat fluxes are
evaluated based on correlations specifically developed for each
coolant. For example, for supercritical liquid hydrogen the
correlation suggested by Hendricks et al. (1985), and for liquid
oxygen the correlation developed by Spencer and Rouser
(1977), are used. A complete description of the numerical

model for this Rocket Thermal Evaluation model is posted at
www.manhattan.edu/~mnaraghi/rte/rte.html.

RESULTS AND DISCUSSION

In order to show the effects of radiation heat transfer on
the wall temperature and on the coolant flow of typical
regeneratively cooled rocket thrust chambers and nozzles, two
cases, with commonly used propellants and coolants, were
evaluated. The first case is for a high-pressure chamber design
with liquid hydrogen and liquid oxygen (LH,-LO,) as the
propellant. The second case is for a high-pressure chamber
design with RP1 (a hydrocarbon propellant) and liquid oxygen
as an oxidizer and coolant (RP1-LO;).

LH,-LO, Chamber

The specifications of this engine are:

Chamber pressure 2000 psia
O/F 5.8
Contraction ratio 341
Expansion ratio 6.63
Throat diameter 2.6 inches
Propellant LH,-LO,
Coolant LH2
Total coolant flow rate 6.45 1b/s
Coolant inlet temperature 50°R

Coolant inlet stagnation pressure 2900 psia
Throat region channel aspect ratio 6
Number of cooling channels 150

The contour of this rocket thrust chamber and nozzle is
shown in Figure 6, with the station locations denoted on the
contour. A total of 41 stations were considered in analyzing this
engine. The rocket thermal analysis model is used to generate
results with and without radiation. Figure 7 shows the results
for propellant temperature and pressure distributions evaluated
on the basis of the Rocket Performance module of the
Chemical Equilibrium code (Gordon and Mcbride, 1971). The
same code provides the composition and mole fraction of
species in the combustion gases. The gas is assumed non-
homogenous (absorption coefficient of the gas varies with gas
composition, temperature and pressure along the axial
direction) and Edwards’ (1972, 1976) wide band model was
used to obtain spectral properties of combustion gases. For this
engine, H,O is the only species that has a significant thermal
radiation absorption coefficient. The mole fraction of H,O
varies from 60% to 74% for the combustion gases. The
Weighted-Sum-of-Gray-Gases model was then used to obtain a
single value for the gas absorption coefficient at each station
with the weights being the integration of Planck’s distribution
(black body emission) over each band.

Figure 8 shows the resulting wall heat flux distribution.
As shown, the effect of radiation is negligible for the diverging
section of the engine. This low radiative flux effect is due to the
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Figure 8: Effects of radiation on the wall heat flux at
different axial location for the LH2-LO2 engine
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Figure 9: Effects of radiation on the wall temperatures of
the LH2-LO2 engine

low surface/gas emission (low gas temperature and emissivity
in the diverging section of the nozzle) to low temperature gases
at the exit of the nozzle. The effect of radiative heat flux is
more pronounced in the converging section of the nozzle and
the thrust chamber where the gas temperature and gas
emissivity are large. The results indicate that the radiation heat
flux can reach 10% of the overall wall heat flux in the thrust
chamber. This increase in wall heat flux due to radiation,
although small, can have a significant effect on the wall
temperature. Figure 9 shows the wall surface temperature
distribution for both no radiation and radiation. As expected,
the effect of radiation on the wall temperature is negligibly
small for the diverging section of the engine.
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Figure 10: Effects of radiation on the coolant stagnation
temperature versus axial position for the LH2-LO2 engine

This figure shows that the peak temperature occurs at the throat
area (axial position 0). There are also some local peak
temperature points, which are caused by step changes in
cooling channel width or height. These local peak temperatures
are smaller than the throat temperature when radiation is
neglected. As shown in Figure 9, the effect of radiative flux
results in a substantial increase of the local peak temperatures,
such that they come close to the maximum temperature (throat
temperature). The figure also shows that the difference between
wall temperatures for the no-radiation and radiation cases is
larger toward the left side of the graph (larger downstream of
the cooling channel). This is due to the fact that additional
radiative heat picked up by the coolant results in a higher
coolant temperature, and hence larger wall temperatures in the
thrust chamber. Figure 10 shows the increased stagnation
temperature of the coolant due to the radiation heat flux.

RP1-LO, Chamber

The specifications of this engine are:

Chamber pressure 2400 psia

O/F (mixture ratio) 2.8

Contraction ratio 3.97

Expansion ratio 46.96

Throat diameter 1.255 inches
Propellant RP1 -L02 (C 13H23-L02)
Coolant LO,

Total coolant flow rate 11.94 1b/s

Coolant inlet temperature 150°R

Coolant inlet pressure 4100 psi

Throat region channel aspect ratio 6
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Number of cooling channels 100 (diverging section)
200 (chamber, converging

section and throat)

Figure 11 shows the contour of this thrust chamber and
nozzle, with stations denoted on the contour. A total of 37
stations were considered in analyzing this engine. The gas
static temperature and pressure for this engine were evaluated
based on the chemical equilibrium conditions, and is shown in
Figure 12. The species in the combustion gases that contribute
to the absorption and emission of radiation for this engine are:
H,O, CO, and CO. Their mole fractions vary across the
chamber and nozzle, however the average percentages of their
mole fractions are: 33% H,O, 17% CO, and 30% CO. Similar
to the previous case, the gas absorption coefficients, based on
the gas composition, pressure, temperature and optical length,
are determined using the Edwards wide band and Sum-of-
Gray-Gases models.

Similar to the LH,-L O, engine, the resulting wall heat flux
profile (see Figure 13) shows almost no difference at the
diverging section of the engine between the no-radiation and
radiation cases. The difference between the two heat fluxes is,
however, much larger in the thrust chamber and converging
section of the engine. The resulting wall surface temperature
distributions for the no-radiation and radiation cases are shown
in Figure 14. These results demonstrate that there is about a 3
to 4 percent increase in the wall temperature due to radiation in
the diverging section of the nozzle (positive axial position) and
the throat area. For the converging section, however, the effect
of radiation results in a substantial increase in wall temperature
(more the 20%).

A major issue in designing cooling channels of
regeneratively cooled rocket engines is to ensure that the
coolant pressure at the exit of the cooling channel is adequate
for the injector. For the first engine, the increased heat flux due
to radiation did not make a significant change in the coolant
pressure. For the present engine, however, as shown in Figure
15, the increase in heat flux due to radiation causes a
significant change in coolant pressure at the exit of the cooling
channel (about 450 psi). One reason for such a large pressure
drop can be due to the poor cooling characteristics of LO2. The
results for coolant temperature show a 15% increase in coolant
stagnation temperature (see Figure 16).

Another coolant characteristic that should be watched
closely is the coolant Mach number. Generally, the coolant
Mach number is kept below 0.35 through the cooling passage.
The results of Figure 17 show that the coolant Mach number is
in fact less than 0.35 throughout the engine when the effect of
radiation is neglected. The results with radiation, however,
show that the coolant Mach number exceeds this critical value
at the throat area, and at the exit of cooling channel.
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Figure 11: RP1-LO2 rocket thrust chamber and nozzle
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Figure 12: RP1-LO2 gas static temperature and pressure
at different locations in the thrust chamber and nozzle, for
a chemical equilibrium condition

CONCLUDING REMARKS

The effects of gas and surface radiation on the wall
temperature, coolant pressure/temperature and Mach number
were studied. The results presented demonstrate that although
the increase in heat flux due to radiation is small, it can have a
significant effect on the wall temperature and coolant flow
characteristics.

For an LH2/LO2 engine it is shown that the radiation has
a small effect on the wall temperature of the diverging section
of the nozzle. However, the radiation results in a substantial
increase in the wall temperature of the thrust chamber and
converging section of the nozzle, such that the local peak
temperature is the same order of magnitude as the throat
temperature.

For the RP1-LO2 engine, radiation heat transfer resulted
in an increase in wall temperature of 20%. Additionally, it
significantly increased the coolant pressure drop and Mach
number, indicating that neglecting radiation during design may
result in a faulty cooling system.
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Figure 13: Effect of radiation on the wall heat flux of a
LO2 cooled RP1-LO2 engine
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Figure 14: Effects of radiation on the wall temperature of a
LO2 cooled RP1-LO2 engine
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Figure 15: Effect of radiation on coolant pressure of a LO2
cooled RP1-LO2 engine
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Figure 16: Effect of radiation on the coolant stagnation
temperature of a LO2 cooled RP1-LO2 engine
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Figure 17: Effect of radiation on the coolant Mach
number of a LO2 cooled RP1-LO2 engine
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